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Abstract 
The research uses CFD to investigate the internal flow of two hypersonic engine 
inlets: the Hypersonic Research Engine (HRE), a dual-mode ramjet/scramjet, and 
the Sustained Hypersonic Flight Experiment (SHyFE), a ramjet developed by Qine- 
tiQ. Various interactions are considered, namely shock-expansion, shock-shock and 
shock-boundary layer interactions. To isolate the different interactions, both inviscid 
and viscous turbulent computations are considered. 
For the HRE, axisymmetric computations are performed at Mach numbers of 5, 
6 and 7, consistent with ground testing conditions used by NASA. The HRE was 
designed to cruise at a range of Mach numbers; for a given set of freestrearn flow 
conditions, dramatically different internal flow characteristics have been found de- 
pending on whether the engine arrived at the flow conditions through either accel- 
eration or deceleration. CFD surface data and throat profiles have been compared 
to, and agree well with, experimental data obtained by NASA. 
Two flow conditions are investigated for the SHyFE inlet. Firstly, the self-starting 
characteristics of the SHyFE intake are examined, where the effect of increased 
internal compression is considered. The findings show undesirable wave interactions, 
which lead to flow non- uniformities, and decreased shock stabilization properties 
have adverse effects on the performance of the engine. Secondly, the effect of free- 
stream incidence on the inlet is examined. The SHyFE engine is designed to cruise 
at a mean incidence of between 2' and 3', however, it is conceivable that the engine 
will, at times, operate at 50. Fully three dimensional computations are performed 
at an angle of attack of 50 where the resulting flows show that Mach reflections 
on the inner surface of the cowl can lead to shock-detachment, as well as showing 
that shock-boundary layer interactions on the centrebody can cause centrebody flow 
separation which can unstart the engine. By adding a rear-ward facing step to the 
centrebody geometry, the centrebody separation is shown to be stabilised and does 
not unstart the engine. 
CFD results are compared to, and agree with, experimental data produced externally 
by QinetiQ namely schlieren and surface pressure data. 
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Chapter I 
Introduction 
1.1 Introduction and motivation 
Hypersonic air-breathing propulsion is important in achieving and increasing the 
performance of sustained hypersonic flight. Various types of hypersonic air-breathing 
propulsion systems have been proposed; the simplest are ramjets and scramjets (su- 
personic combustion ramjets). Both engines use a ram effect to compress the air 
without any mechanical compression. For low Mach numbers, a ramjet cycle is 
generally preferred to a scramjet cycle. Above Mach 5, it becomes increasingly dif- 
ficult to decelerate the flow to the subsonic conditions needed for a ramjet. Both 
dissociation of the air and structural integrity of the material used in the engine 
become challenges associated with the high total temperature of the flow. The so- 
lution is to use a scramjet, where combustion occurs at supersonic speeds. To date, 
there has been lots programs that have demonstrated hypersonic flight, but not with 
scramjets. 
The concept of hypersonic air-breathing propulsion has interested aerodynamicists 
for over 40 years. Even so, piloted scramjet (supersonic combustion ramjet) flight 
has yet to be realised. In comparison to rocket powered vehicles, air-breathing 
vehicles are generally lighter because the oxygen needed for combustion is drawn 
from the atmosphere. eliminating the need to carry it on board. This potential 
NN-eight saving is the main driving force behind research into air-breathing engines. ý_l t> ? 7) 
20 
1.2. Thesis Objectives 21 
Unlike conventional jet engines. ramjets (and scramjets) require no separate com- 
pressor: compression is entirely due to ram pressure within the intake of the engine. 
An inherent weakness with relying completely on ram pressure is no compression can 
be obtained when the engine is stationary with respect to the free stream. Because 
sufficient compression can only be obtained at high Mach numbers, these engines 
need an additional propulsion system to propel them to sufficiently high speed to 
provide useful thrust. 
The engineering challenges in designing a hypersonic airbreathing vehicle require 
in-depth research in areas such as high-speed aerodynamics, high-speed combustion 
and high-temperature material science. As the Mach number increases and flow 
enters into the hypersonic regime, large temperature and pressure gradients exist. As 
these gradients become stronger, in addition to large drag forces and thermal loading 
occurring, shock interaction become important. Of particular interest, and common 
in hypersonic intakes, are shock/shock, shock/expansion and shock/ boundary- layer 
interactions. 
Most current research programs into hypersonic propulsion systems use a combina- 
tion of analytical, experimental (both ground tests and flight tests) and numerical 
studies. The turbulence models used in the numerical studies involve ad-hoc clo- 
sure models and have come under fire by more fundamental and physically based 
analytical researchers. However, numerical models still play an important role and 
provide a best guess approximation to the affects of turbulence, as long as the results 
are interpreted by practitioners who are fully aware of its concepts and limitations. 
Until either computation power increases significantly, or the fundamental physics 
of turbulence is understood, turbulence models will be needed by computational 
researchers. 
1.2 Thesis Objectives 
The intake of a hypersonic propulsion system plays a crucial role in the engine cycle 
and its efficiency directly relates to the efficiency of the engine. In particular, the 
ililet Nvm-e system influences compression efficiency, mass capture and combustion 
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stability. In developing a high-speed inlet system the main objectives are to provide 
efficient shock compression. produce near-uniform flow to the combustor, generate 
low drag and provides these characteristics over a wide range of flight operating 
conditions, i. e. good 'off-design' performance. 
It is often relatively easy to design a 'good' inlet system for a single design point; 
however it becomes increasingly hard to maintain a reasonable inlet system as the 
inlet moves away from this design point. To provide both positive lift and adequate 
maneuverability, inlets should be able to operate at a range of angles of attack and 
yaw. Coupled with this, the engine should be able to work over a range of Mach 
numbers and altitudes. Therefore, there is a need for research to be conducted into 
off-design inlet flows. 
The specific aims of this research are to numerically model inlet systems, partic- 
ularly at off-design conditions. Two engines are considered, namely the Hyper- 
sonic Research Engine 9,52-57,119 (HRE) and the Sustained Hypersonic Flight Exper- 
iment43,135,145,184 (SHyFE). The bulk of the research uses CFD to numerically model 
the assumed axisymmetric internal flow. For the HRE, computations are performed 
at the design Mach number of 6 and off-design Mach numbers of 5 and 7. Both 
inviscid and turbulent simulations are used to give a good understanding of the flow 
characteristics. The effect of moving through the Mach number range is modeled 
through simulating acceleration and deceleration of the intake. Research into the 
SHyFE engine, a ramjet designed to operate between Mach 4 and Mach 6, uses 
CFD to model the external and internal flow of the inlet for two design points, rep- 
resenting two extremes in the design envelope. Firstly, for the case of a free stream 
Macli number of 6 and at an angle of attack of 5', where fully three-dimensional 
computations are performed for both inviscid and turbulent cases. Secondly, a small 
amount of work has been carried out for a free stream Xlach number of 4 at zero 
incidence, NNrhere axisymmetric computations are performed to investigate the self- 
starting characteristics of the intake. 
Chapter 2 
literature Review 
2.1 Hypersonic Air Breathing Engines 
The theoretical advantages of scramjets and ramjets over rockets in hypersonic flight 
has been well documented since the 1950s. For this reason, significant scramjet and 
ramjet research has been and is being conducted in many parts of the world. 
There are a series of programs which have been set up to demonstrate the hypersonic 
propulsion possibilities. For example, DLR and ONERA joined in a common project 
called JAPHAR" (1997) to develop and test a dual-mode ramjet engine; flight test 
results are not currently available. More recently, CIAM has performed ground 
testing flight testing of an axisymmetric dual mode scrarnjet"' (1999). However, 
during flight testing, the inlet did not demonstrate supersonic combustion. Also, 
Queensland University have recently flight tested HyShot 1 and HyShot 2.180 
2.1.1 NASA's Hypersonic Research Engine (HRE) 
The NASA Hypersonic Research Engine (HRE) project was set up to design, de- 
velop. and construct a dual-mode rarnjet-scramiet engine to operate between Mach 
4 and _ýLwli 
8. The HRE is focused on in this research project because both super- 
sonic and subsonic combustion modes were demonstrated. as well as experimental 
ground testing results being widely available. 52-57,119,205 
23 
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The HRE, figure 2.1, has a translating spike that could be moved fore and aft from 
inlet close-off to full open as well as intermediate positions. The inlet position was 
allowed to move mainly to control the position of the spike-tip shock in relation to 
the cowl leading edge. Moving the inlet spike in a forward direction as the Mach 
number increased allowed the shock-on-lip condition to be maintained. 
Analytical results were obtained through a method-of-characteristics type computer 
program. 9,15 1 Limitations indicated by Gaede' are that the program was valid for a 
constant wall temperature only and that it did not compute the entropy and total 
pressure losses in shocks resulting from wave coalescence. In fact, a large region of 
wave coalescence occurred in the internal flow for all Mach numbers considered. 
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A schematic of the HRE inlet is shown in figure 2.2. Both experimental and theo- 
retical kinetic energy efficiencies did not indicate any particular trend with respect 
to either free-stream Mach number or cowl position. 52 Theoretical values were av- 
eraged' to give a kinetic energy efficiency of 0.931. The average of the experimental 
results given by Andrews 52 is 0.937. Theoretical and experimental total pressure 
recovery as a function of free-stream Mach number is presented and discussed in 
Andrews, 52 where the results of various weighted averaging methods for obtaining 
theoretical pressure recoveries are given. Mass-weighted theory exhibits a decreasing 
pressure recovery with an increase in Mach number. Experimental values show the 
same decreasing trend. Force-momentum derived results are lower for both exper- 
imental and theoretical values compared to the mass-weighted values, as expected. 
An analysis of the effect of Reynolds number on the total-pressure recovery was 
conducted and no effect was found. 
2.1.2 Sustained Hypersonic Flight Experiment (SHyFE) 
The Sustained Hypersonic Flight Experinient (SHyFE) is a research program within 
the United Kingdom. The aim is to design and test a ramjet vehicle capable of sus- 
M, 
pt'. 
P, 
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tained hypersonic flight. A technical overview of the program has been documented 
by Cain and Walton. 184 Initially, SHyFE was designed to be accelerated by a rocket 
to Mach 4 at 15 km, and accelerate under its own power to Mach 6 and 32 km. An 
initial 3 year feasibility program and component de-risking study has been completed 
and a second programme began in July 2005. Performance shortfalls after Phase I 
were (i) at Mach 6, the total pressure recovery at 3' was 50 % of the required total 
pressure recovery and (ii) Mach 4 pressure recovery for acceleration away from the 
141 booster was 75 % of that required . 
Progress in the second phase, concentrating 
on improving intake performance at Mach 4 and to aquire acceptable performance 
at Mach 6, has been outlined by Dadd 43 and Owen. 145 
SHyFE Intake 
The design of the intake is critical to the performance of the SHyFE engine 145 - 
Ex- 
tra difficulties in the design and performance of the SHyFE intake arise because the 
model is fixed geometry and because the boundary layer thickness is large in compar- 
ison to the inlet height. CFD intake work has been carried out by Bachchan, 115-111 
focusing on off-design Mach number flow. 
2.2 Engine Cycle Modelling 
Most steady-flow jet engines approximately follow a Brayton cycle; ideally, this 
would be isentropic compression, constant pressure combustion and isentropic ex- 
pansion. However, real engines will have losses associated with each process. Such 
a cycle follows a simple one-dimensional analysis, and as a first approximation, the 
cycle assumes the air is always in its equilibrium state; the combustion process is 
replaced by a heat addition process that supplies energy equal to that released by 
combustion. A typical scramjet engine cycle can be illustrated by a temperature- 
entropy diagram as in figure 2.3.152 
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Four reference stations for the engine are defined as: 
1. free-stream conditions 
2. inlet throat 
3. combustor exit 
exhaust nozzle exit 
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Air is initially at free-stream conditions (point 1) which is both decelerated and 
compressed by a series of compression waves to some lower, but still supersonic, 
Mach number, path 1-2. A line of constant momentum (Rayleigh line) is constructed 
which represents heat addition in a constant area, frictionless duct. As heat is added 
to the air, path 2-P is traced, resulting in a rise in static pressure and temperature 
and a reduction in Mach number. Provided the stoichiometric fuel-air ratio is not 
reached first, the heat addition process may continue up to the maximum entropy 
condition on the Rayleigh line (point 3). At this point the flow is choked; no further 
heat can be added without changing the inlet throat conditions. Expansion of the 
hot gas takes place through a, nozzle with a further increase in entropy due to friction 
(path 3-4). To close the cycle, heat is imagined to be rejected at constant pressure 
along path 4-1. 
Fntropy. S 
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A comparison of a scramjet and ramjet engine cycle is illustrated in figure 2.4. The 
scramjet engine begins with combustion process along 2-P-3. The flow in the ramjet 
engine, however, passes through a normal shock 2-2' followed by subsonic diffusion 
2'- 2Aand then burns along 2A-Q-3. 
c-) 
3, 
Entropy, S 
Figure 2.4: Comparison between scramjet and ramjet engine cycles 152 
2.2.1 Inlet Performance Measures 
It is often necessary to compare various intakes, and as such, various standards 
are used to give an indication of the performance of an intake. Such standards 
are: magnitude and quality (often hard to quantify) of the pressure recovery, the 
mass-flow ratio and the total drag of the intake system. When analysing an intake, 
the overall performance must be determined by simultaneously examining all three 
characteristics since the increase of one measure is often at the expense of another. 
One must also bear in mind that often the most detrimental loss of performance 
occurs off-design, so optimising the performance of an intake for one design point 
may not lead to the 'best' design. It is also important that the method for averaging 
of flow properties is based on the purpose for which the average is intended 34 . Intake 
flow is usually mixed-out in an isolator before entering a combustor; a 'mixed-out" 
or ccontrol volume' approach is therefore the most natural method to use. 
2' A 
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The role of an inlet system is to provide an efficient compression process, generate 
low drag, produce nearly uniform flow entering the combustor and provide these 
characteristics over a wide range of flight and engine operating conditions. " The 
inlet consists of both internal and external compression systems: the forebody sur- 
face of the engine provides external compression, before reaching the cowl leading 
edge, where internal compression begins. 
There are a number of problems when designing a hypersonic inlet. Ideally, the inlet 
should be able to operate at large range of Mach numbers, with enough pressure 
recovery while providing the right air mass-flow to the combustion chamber. Variable 
geometry simplifies the aerodynamic design of the inlet, but mechanical constraints 
makes it somewhat impractical. Intermediate solutions such as a rotation of the 
cowl" or translation of the main body" are often used. In both cases, the inlet 
throat area is modified. A translating main body, however, has the advantage of 
being able to control the position of the spike shock with respect to the cowl lip. 
In addition, the inlet should be able to operate at incidence. This may be a re- 
quirement for positive lift or for sufficient maneuvarabililty of the inlet. The inci- 
dence requirement may be more controllable with a planar inlet; however, three- 
dimensionality is introduced to the flow through end-wall effects. 
A number of conclusions can be drawn from existing studies on hypersonic inlet 
operating characteristics: 41 
Inlet performance can be sensitive to variations in geometric parameters such 
ýis nose and cowl lip bluntness 
Hypersonic inlets can be dominated by viscous effects; therefore, inlet perfor- 
inance can be sensitive to Reynolds number 
3. Wýill-cooling effects can be very important in determining the inlet operation 
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2.3.1 Compression Mechanisms 
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The simplest inlet compression system., for a high-speed intake, is a duct which 
forms a normal shock when placed in a supersonic stream. However, the total 
pressure loss across a normal shock is large, particularly at high Mach numbers. 
An intermediate solution would be to compress the flow through two shocks: an 
oblique shock followed by a normal shock. Note that for a ramjet, a normal shock is 
ultimately required for subsonic deceleration to speeds for the combustion chamber. 
Oswatitsch 144 first introduced the idea of supersonic compression in stages, ie, com- 
pression through a series of n oblique shocks, terminating in a normal shock. The 
improvement in both total pressure and static pressure recovery is illustrated in 
figure 2.5. In the limit as n -4 oc, the oblique shock waves become ]NIach waves 
and the compression is isentropic. An 'ideal' or 'on-design' intake would have the 
isentropic compression waves focusing on a cowl-lip, known as a the shock-on-lip 
condition, shown in figure 2.6. 
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Figure 2.6: Ideal inlet-cowl configuration for an external compression intake 135 
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Inlet geometry is important in that it has a major effect on both shockwaves and 
boundary layer losses and hence on inlet performance. The three most common types 
of inlets are the Oswatitsch, Prandtl-Meyer and Busemann inlets. The Oswatitsch 
inlet is axisymmetric, consisting of a centrebody and a cowl. The freestrearn flow 
is compressed into an annulus between the centrebody and the cowl. The Prandtl- 
Meyer inlet is planar, with internal isentropic compression, followed by plane shocks. 
The Busemarm inlet is axisymmetric, with internal, conically symmetric, isentropic 
flow followed by a conical flow. 
Molder 134 experimentally tested all three inlet types at Mach 8.33, and found the 
Busernarm and Oswatitsch inlets ranked equally in performance, whereas the perfor- 
mance of the Prandtl-Meyer inlet was less than half the other two. This was shown 
to be because of the side-wall effects in the Prandtl-Meyer inlet. 
2.4 Hypersonic Inlet Flow Phenomenon 
The most dominant flow feature that controls the performance of hypersonic air- 
breathing intakes is the interaction of various shock waves. This can either be the 
interaction of two or more shocks., the interaction of a shock wave and expansion fan 
or a shock wave and viscous boundary layer. Much research focuses on these inter- 
(no cowl) -, hnrk 
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actions, and how to control these interactions into maximizing intake performance. 
2.4.1 Shock/shock interactions 
Shock/shock interactions, or 'interfering' flows, were first comprehensively studied 
by Edney. 15,16 By investigating the impingement of an oblique shock on a stand-off 
shock, he was able to categorized shock/shock interactions into six distinct regions. 
shown in 2.7. In the figure, BS is the bow shock; IS is the impinging shock; SL is 
the shear layer and TS is the transmitted shock. 
For type I and 11 interactions, the transmitted shock impinges on the body surface, 
which can cause boundary layer separation. In type III, the shear layer generated 
at the IS-BS impingement point can lie close to the body, and can cause high heat 
transfer rates. The most severe interaction is a type IV: the shock interaction 
occurs near the body centerline, where the flow behind the bow shock is subsonic. 
A supersonic jet forms within the subsonic region, terminating in a bow shock close 
to the body surface and causing high pressure and heat transfer loading on the 
body. A type V interaction is analogous to a type 11 interaction, the only difference 
being that a jet is formed at the interaction point rather than a shear layer. For 
a type VI interaction, an expansion fan is generated at the interaction point which 
transmits onto the body surface, generating little heat transfer. Type V and VI 
interactions were reproduced by Wright"' , using by investigating a double-cone 
shock interaction rather than a classical bow shock from a blunt body. 
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Figure 2.7: Impingement of an oblique shock (IS) on the stand-off shock (13S) formed 
at a blunt leading edge categorised into six distinct patterns I to VI, Edney 
A shock wave impinging on a blunt body can greatly increase both the heat-transfer 
rate and the pressure near the impingement point. For example, Hains and Keyes 83 
measured peak heating rates of up to 17 times the ordinary stagnation point rate 
and pressure peaks up to 8 times the freestream pitot pressure as a result of shock 
impingement. Detailed experimental results from Wieting 198 suggest that for a given 
Mach number and shock strength, the surface heat-transfer and pressure increase 
as the interference pattern changes from 1) a shear layer grazing the underside of 
the surface to 2) a supersonic jet impinging near normally to the surface, then 3) 
grazing the surface as it turns to miss the surface completely by passing over the top 
of the cylinder. More recently, Borovoy et al. 58 found two heat transfer maxima: 
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one corresponding to the type III interaction and a second corresponding to a type 
IV interaction, shown in figure 2.8. 
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Figure 2.8: Heat transfer flux amplification vs. peak angular location from Borovoy 58 
2.4.2 Shockwave reflection 
Shock reflection from a solid surface, and the transition between Mach reflection 
and regular reflection, has been the subject of much research. Figure 2.9 shows 
the classical test case for (a) regular reflection and (b) Mach reflection, where an 
incident shock, i, is provided by a wedge of angle 6,,,. 
For the case of a Mach reflection, the incident shock, z, forms a Mach stem, m, at the 
wall, with a reflected shock, r, and slip stream, s, emanating from the triple point, 
T. The subsonic strearntube behind the Mach stem is stabilised by an expansion 
fan (from the trailing edge of the wedge in the classical test case) to form the sonic t> ?D 
throat in the stream tube, and consequently determine the characteristics of the 
Nlach stem. 149 
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Figure 2.9: Schematic of shock reflection as either (a) regular reflection or (b) Mach 
reflection 
135 
The two limiting criteria relate to the wedge angle and the approach Mach number, 
referred to as the detachment criterion and von-Neumann criterion. According to 
Molder, 134 the interception of the two criteria occurs at Mach 2.202. A dual so- 
lution, leading to a possible hysteresis, was first hypothesised by Hornung, Oertel 
and Sandeman, 85 a, region where both Mach reflection and regular reflection are 
permitted. They predicted that by changing the wedge angle, the regular reflection 
to Mach reflection transition would take place at the detachment criterion, whereas 
the reversed transition would take place at the von Neumann criterion. It has also 
been shown that by changing in Mach number, the transition can also take place. 
The implications of the hysteresis on the performance of intakes has investigated by 
Onofri, 124 who emphasises the importance of 'correct' initial conditions needed to 
achieve suitable flow solutions. 
Various models have been proposed to predict the Mach stem height. Chpoun 30 
found that the Mach stem height does not depend on the downstream expansion 
process, claiming a trend contradicting analytical findings. More recently, however, 
Hillier 149 shows that it is the C+ characteristic from the expansion fan that controls 
the Mach stem height. The expansion fans in experiments from Chpoun 30 all have 
the same critical C' characteristic, hence the same Mach stem height. 
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Shock/expansion interaction 
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A shockwave reflecting on a surface can be acted on by an expansion fan, which can 
effect the shock reflection; the shock reflection is determined by the post-shock flow 
which has been accelerated by an expansion. This case often arises in intake flows 
when a cowl shock interacts with an expansion fan from the centrebody. This case 
has been discussed briefly by Li and Ben-Dor, and more extensively by Hillier. 149 
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Figure 2.10: Wedge angle Vs. Mach number, showing regions of regular reflection, 
Mach reflection and a dual mode domain"' for a shock/expansion interaction. 
Bachchan 135-137 shows how the transition between Mach reflection and regular re- 
flection can occur in a hypersonic intake and suggests that intake designs should trýT 
to avoid Mach reflection. 
2.4.3 Shock/boundary layer interaction 
When a shock wave impinges with a boundary layer, the shock wave and boundary 
layer interact with each other. The adverse pressure gradient across the shock wave 
nici, y or may not separate the boundary layer. A shock/boundary interaction for a 
boundary layer that 1) remains attached 2) separates, are illustrated in figures 2.11 
and 2.12 respectively. 
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Figure 2.11: Schematic of a shock/boundary layer interaction showing an attached 
boundary layer 142 
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Figure 2.12: Schematic of a shock/boundary layer interaction showing a separated 
boundary layer 142 
An excellent review of shockwave/boundary layer interaction research up to 1965 is 
provided by Clayton. 72 In terms of the capability of CFD to predict separation, the 
review by Zheltovodov 210 (1996) concludes that general RANS methods accurately 
predict mean surface pressure and heat transfer, and primary separation location for 
weak to moderate 2-D and 3-D shock wave turbulent boundary layer interactions. 
For strong interactions, computed surface pressure and heat transfer distributions, 
and location of primary separation, show significant disagreement with experiment. 
More recently. Knight"' summarises recent (up to 2003) advancements computa- 
tional modelling in shockwave/boundary laver interactions, considering five configu- 
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rations: 2-D compression corner, 2-D shock impingement, 2-D expansioncompression 
corner, 3-D single fin and 3-D double fin, and concludes RANS modelling is still un- 
able to successfully predict surface heat transfer in strongly separated shock wave 
turbulent boundary layer interactions. 
Separation Control 
Separated flow within an intake system, caused by shock/boundary layer interaction, 
can cause the intake to unstart. To try to reduce separation, boundary layer bleeding 
has been investigated, ", 31,39,156 where a 'slot' is inserted before the combustor to 
capture the intake shocks and boundary layers, ducting them back out the scramjet. 
An unwanted effect of this slot is the presence of local separation at the slot which, 
under some conditions, can propagate upstream. " Varying the width and angle of 
the slot , 
39 as well as incorporating an expansion section to the slot, " were found to 
be important factors in controlling the effectiveness of the slot. ChyU31 suggests that 
higher bleed angles are more effective, but are also more sensitive to their position 
to be effective; Boyce" found an optimum slot angle of 45'. Schulte 39 identifies a 
position of the bleed slot directly upstream of the shock impingement point as the 
most effective. 
Bleed has also been successfully used to delay the onset of buzz of an inlet with 
increasing angle of attack, " thereby extending the inlet's operating flight conditions. 
Reijasse, Bur and Chantetz" found that active control, via distributed suction of 
the boundary layer, was more effective, even for relatively small suction mass flow 
rates, than localised suction control via a 'slot'. Adding suction of a separated 
boundary layer can also decrease shock oscillation amplitude. 78 
2.4.4 Incidence Effects 
Invariably. airbreathing inlets must be able to operate at incidence. This may be for 
lift requirements. maneuvarability requirements or both. Flow past slender bodies. 
such as cones. have been studied both experimentally and theoretically over a ýNvide 
range of control parameters. 
19,115,127,147 In accordance with these studies, the flow 
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pattern near a circular cone in a supersonic stream is primarily determined by the 
angle of attack. " For high angles of attack or for slender cones, cross-flow separation 
may occur, illustrated in figure 2.13. 
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Figure 2.13: Schematic of crossflow separation 147 
Not many detailed (particularly numerical) studies have been published on the ef- 
fects of incidence on hypersonic intakes. A study by Herrmann and Triesch" into 
the performance of axisymmetric inlet models showed operability over an angle of 
attack range of 0' - 30'. At higher angles of attack, the windward side shock sys- 
teni generates spillage whilst the leeward side shows a vortex system. These effects 
intermix and enter the inlet together, affecting the inlet performance, illustrated in 
figure 2.14 
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Figure 2.14: Schlieren of intake at 30' incidence from Herrmann 27 
2.4.5 Intake Buzz 
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Inlet buzz is a phenomenon of self-sustained shock oscillations, first observed by 
Oswatitsch... (1944). Ferri and NUCCi4 observed that for axisymmetric external 
compression inlets operating in subcritical conditions, the onset of buzz occurred 
when a shear layer from the compression system moved inside the inlet (known as 
the Ferri criterion). Dailey 33 noted that shock-induced separation on the external 
compression surface could also lead to buzz, if the separated flow is large enough to 
cause an inlet obstruction (known as the Dailey criterion). 
Experimental studies were carried out by Trimpi,, 162-164 Fisher" and Nagashima"' 
in order to better understand the physical mechanism of buzz. These experiments 
culminated in some one- dimensional models, 162,164 indicating that the stability of a 
ramjet is dependent upon the instantaneous mass flow and total pressure recovery of 
the supersonic diffuser. The models, however, failed to give a precise representation 
of the complex flow phenomenon. 
More recently, numerical investigations into buzz 141, "' have lead to a more thorough 
understanding of buzz, suggesting that low frequency buzz is caused by acoustic 
resonance of the subsonic duct. 
Chapter 3 
Numerical and Computational 
Methods 
This chapter presents the numerical methods used in this research. Solutions have 
been generated using an in-house Computational Fluid Dynamics (CFD) solver, 
which has been developed by Hillier 86 within the Imperial College Aeronautics de- 
partment, and has been widely used for compressible flow problems. Within the 
field of hypersonics, CFD has both advantages and disadvantages over experiments. 
Hypersonic experiments can be extremely costly, requiring state-of-the-art data ac- 
quisition devices, whereas CFD simulations are relatively cheap to perform and can 
be used as a design tool before committing to manufacture. Moreover, it is often ex- 
tremely hard to capture internal flow experimentally, but is readily available through 
CFD. However, CFD is limited by the turbulence model used, and great care must 
be taken when analysing separated turbulent boundary flows. Used together, CFD 
and experiments can give a good understanding of hypersonic flows. 
3.1 CFD Methodology 
Both ýixisynimctric and three-dimensional forms of the Navier-Stokes equations were 
used to solve flow problems. In cylindrical coordinates the governing equations can 
be written as: 
41 
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19U + 
OEH 
+ 
OFH 
at Ox Or 
(FH +GH) 
+ 
r 
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OEv 
+ 
OFv 
+ 
(Fv + Gv) 
Ox Or r 
With U containing the conserved variables and subscriPt H referring to terms con- 
taining convective fluxes. For viscous flows, subscript v contains diffusive fluxes. 
3.1.1 Convect ive- Diffusive Splitting 
Solutions to the Navier-Stokes equations are obtained by independently solving the 
convective and diffusive components using an operator splitting technique. The split 
operations are time marched using the operator LH for advancing the convective 
terms and the operator LV for the diffusive terms. To retain second-order accuracy of 
the solution it is necessary for each composite time step to be formed of a symmetric 
set of operators of the form: 
uN+l - Lv 
'ý't)LH(At)Lv At) UN 
(2(2 
(3.2) 
In the above example, the composite time step is achieved by initially advancing 
the viscous solution by half a time step, followed by advancing the inviscid solution 
by one time step and finally through a second viscous sweep of half a time step. 
The treatment of the convective and diffusive terms are discussed in the next two 
sections. 
3.1.2 Convective Terms 
The convective terms are given by the Euler equations: 
OU 
+ 
OEH 
at Ox 
OFH 
Or 
(FH+ GH) 
r 
0 (3.3) 
U, EH, FH and GH are: 
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pu pv 0 
u= pu EH = 
p+ pU2 
FH = 
puv 
GH =0 (3.4) 
pv puv p+ pv 
2 
-p 
LE -i L 
u(E + p) 
-i L 
v(E + p) iL0J 
The equation can be spit in a similar manner to the convect ion-diffusion splitting 
approach, by a sequence of independent 'sweeps' through each mesh direction, where 
each sweep is a one-dimensional calculation. A complete Euler time-step is achieved 
using a symmetric set of operations. For example, for an axisymmetric computation 
an update is achieved using an operator of the form: 
uN+l - Ln 
('ý't ) 
Lý 
At) 
L, (At) Lý 
At ) 
... 
Ln 
(At)UN 
(3-5) 
2(2(22 
where Tj and ý are two quazi-normal mesh directions. 'Source' terms for axisym- 
metric computations are given by the operator L,. Each one-dimensional solution 
is achieved by using a second order Godunov type scheme based on the Gener- 
alised Riemann Problem of Ben-Artzi . 
20 By examining the one-dimensional Euler 
equations, one can discretise the problem into the following formulation: 
(UN+l 
_ 
UN) AX, = (F 1/2 -F 
1/2 (tN+l 
- tN). (3.6) ii i-1/2 i+1/2) 
The fluxes F 1/2 and F 
1/2 
are evaluated at the mid time step. For a first order i-1/2 i+1/2 
approximation, the cell properties, stored at the cell centres, are treated as piecewise 
constant. Discontinuities arise at the cell interfaces which are used to solve the 
Riemann problem. For the second order approximation, the properties within a cell 
are treated as piecewise linear. For cell minima or maxima. a monotone constraint is 
imposed to maintain numerical stability which prevents the appearance of extrema 
at the cell interfaces. Discontinuities, along with the cell gradients, are used to 
sol\-(, the Generalised Riemann Problem. The linear gradient reconstruction reduces 
gradicilts in regions near discontinuities. It makes the method 'more first order'. In 
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smooth regions of flow, no gradient limiting is applied so that the method is truly 
second order. 
3.1.3 Diffusive Terms 
The diffusive terms are solved using a viscous solver: 
OU OEv OFv (Fv + Gv) 
at Ox ar r 
(3.7) 
A full Navier-Stokes (N-S) solver is used to calculate the viscous terms, solved ex- 
plicitly using a Runge-Kutta method. The N-S solver is therefore restricted by the 
viscous CFL constraint and can sometimes contribute to a reduced rate of conver- 
gence. 
The viscous flux vectors F, and G, are given by: 
0 
Fv 
Tx x 
Txr 
UTxx - VTxr - qxx_ 
0 
Gv x 
Tr r 
U7-rx - VTrr - qrr_, 
(3.8) 
The heat fluxes due to thermal conduction in the axial and radial directions are 
given by the Equations 3.9 and 3.10. The thermal conductivity k can be obtained 
from the Prandtl number given by Equation 3.11. 
OT 
qx_- = -k Ox 
(3.9) 
qrr k 
OT 
(3.10) 
Or 
cpm 
k 
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The dynamic viscosity p which is dependent on temperature can be calculated from 
Keyes law in Equation 3.12 where p,, f = 1.418 x 10-6 , a=116.4 and 
b=5. 
A 
Pref 
T' 
1+ aT-110-blT 
(3-12) 
For Newtonian fluids, the viscous stresses are given in Equations 3.13 to 3.16. 
, Fxx-2p 
au 
+A 
(au 
+ 
Ov 
+ v) (3.13) Ox Ox Or r 
7-rr -- 2/-, 
av 
+A( 
Ou 
+ 
Ov 
+ V) Or Ox ar r 
Too = 2p-v +A 
Ou 
+ 
Ov 
+v 
r( ax Or r) 
7xr = Trx =P 
Ou 
+ 09V (3-16) ( Or Ox ) 
The second coefficient of viscosity A, or 'bulk' viscosity is related to the dynamic 
viscosity p by Equation 3.17. 
2 
3 
3.1.4 Turbulence Modelling 
(3.17) 
For turbulent axisymmetric simulations, the one-equation variant of the k-C model 
formulated by Menter (1997) is used. For three-dimensional simulations, the Baldwin- 
Lomax algebraic model is used in favor of the Menter model due to limitations in 
available computational power and the low computational expense associated with 
the BaIdwin-Lomax model. 
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Menter One-Equation Model 
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The two-equation Menter model solves for the turbulence kinetic energy k and for 
the dissipation rate c. The transformation to the one-equation variant is based on 
Bradshaw's assumption that (in many circumstances) the turbulent shear stress is 
proportional to the turbulence kinetic energy. This assumption is suitable for high 
Reynolds number flows. 
Baldwin-Lomax algebraic Model 
For this type of algebraic (or zero-equation) model, the eddy-viscosity distribution 
is determined from the local flow field velocity profile. The model uses a two- 
layer approach where the eddy-viscosity is defined by an inner and outer algebraic 
function. 
Problems associated with the Baldwin-Lomax model are that the model was de- 
veloped and tuned for transonic airfoils, so there is no reason to believe it should 
behave well for highly compressible flows. Furthermore, all history effects associated 
with the turbulent boundary layer are lost because the eddy-viscosity is based on 
the local flow field values. However, the Baldwin-Lomax model has the major ad- 
vantages of being easy to implement and, more importantly, has low computational 
expense. 
3.2 Numerical set-up 
3.2.1 Model Definitions 
Two different geometries are considered in the subsequent chapters, namely the 
Hypersonic Research Engine (HRE) and the Sustained Hypersonic Research Exper- 
iment (SHyFE). 
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HRE 
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NASA's Hypersonic Research Engine (HRE) is an axisymmetric dual-mode ram- 
jet/scramjet engine, with a translating spike which could be moved fore and aft to 
maintain a shock-on-lip condition. The engine was designed to operated between 
Mach 4 and 8. The present study models the internal flow of the HRE intake, from 
the spike tip to the inlet throat, but with a fixed cowl position located at (xc, rc). 
Figure 3.1 defines the intake geometry. The forebody compresses the flow through 
an oblique shock formed at the forebody tip, followed by two separate concave isen- 
tropic compression sections. Compression waves from these two isentropic surfaces 
focus internally, between the centrebody and cowl. 
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Figure 3.1: Drawing of HRE intake 53 
SHyFE is a fixed geometry, axisymmetric ramjet, designed to operate between Mach 
4 and Mach 6. The purpose of this present study is to model the flow in the intake 
system, from the spike tip to the beginning of the isolator. Figure 3.2 shows a 
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three-dimensional view of the SHyFE intake; the cowl lip is located at (x,, r, ). The 
forebody provides the first stage of compression, through a weak oblique shockwave 
generated at the forebody tip, followed by a concave isentropic compression segment. 
The second stage of compression occurs through a series of shockwaves formed by 
the centrebody-cowl configuration. Figure 3.3(a) defines the spike termination angle, 
01, centrebody angle, ,i 
02, and cowl angle, 61. The forebody semi-cone angle, 03, S 
shown in figure 3.3(b). Two different series of geometries are considered: 155 and 
SM series. 
I 
Figure 3.2: 3D view of SHyFE intake 
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Figure 3.3: SHyFE model definition 
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SHyFE: Model 155 
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Intake 155 has a spike termination angle, 01, centrebody angle, 02, and cowl angle. 
61, of 33', 120 and 12' respectively. The cowl lip is located at xC - 0.1993 m, 
rc - 0.050 m, where xC is the horizontal distance from the forebody tip and rc is 
the radial distance from the axis of symmetry. The forebody semi-cone angle, 03 1 is 
120. 
SHyFE: Models S2iO 
Intake SM has the same spike termination angle, centrebody angle and cowl angle 
as intake 155, that is 01 = 330,02 =12' and 61 = 12'. However, the forebody semi- 
cone angle, 03 1 is 15'. Here, the cowl lip is located at xc = 0.0778 m, rc = 0.0275 
m. Following on from the work of Bachchan"' ,a backward facing step, designed 
to restrict the size of flow separation on the centrebody, is located at x=0.0800 m, 
r=0.0259 m, shown in figure 3.3(b). 
3.2.2 Mesh Considerations 
Hypersonic airbreathing intakes have a complex geometry, so obtaining a satis- 
factory mesh for CFD simulations is not trivial. All meshes are structured: for 
axisymmetric computations, meshes are made up of quadrilateral cells, whereas for 
three-dimensional computations, meshes are made up of quadrilateral faced hexahe- 
drons. Cells are designed to have little shear and skew whilst being able to correctly 
model highly curved surfaces such as a cowl leading edge. In addition, the change 
in shear, skew and aspect ratio between adjacent cells is kept small. Coupled with 
these considerations, the number of cells is kept small enough to ensure a physi- 
cally sensible computation time, but also the cell sizes are small enough to capture 
the flow detail, particularly in regions where gradients are large such as within the 
boundary layer. 
Problem ýireas in meshing are the spike tip and cowl leading edge. This is because 
the cells miist be skewed in order to model a cu rved surface using a structured mesh. 
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The forebody and cowl leading edge meshes for the HRE model are shown in figures 
3.4 and 3.5. 
Figure 3.4: HRE forebody leading edge mesh 
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Figure 3.5: HRE cowl leading edge mesh 
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For turbulent simulations, boundary layer cell stretching has been added to give a 
Y+ value of one for adequate resolution of the boundary layer. Figures 3.6 and 3.7 
show boundary layer stretching near the leading edge of the cowl for the HRE and 
SHyFE meshes respectively. A three-dimensional view of the SHyFE mesh is given 
in figure 3.8. 
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Figure 3.6: HRE mesh showing cell stretching near the cowl leading edge and solid 
boundaries. 
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Figure 3.7: SHyFE mesh showing the region near the leading edge of the cowl 
3.3. Validation and Convergence 
Figure 3.8: SHyFE three-dimensional mesh 
3.3 Validation and Convergence 
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An important aspect of producing well resolved and accurate CFD solutions is the 
convergence with refinement of the mesh. This section provides important conver- 
gence and validation results to support the results used in later chapters. Two mesh 
convergence tests are presented in this section; an HRE case and a SHyFE case. 
A discussion of the flow physics and comparisons between CFD and experimental 
results will be presented in the results chapters. Surface pressure and skin friction 
values are compared to assess at which mesh resolution the solution converges. For 
the axisymmetric computations of the HRE, highly resolved solutions were possi- 
ble. However, less well-resolved solutions were obtained for the three-dimensional 
SHyFE computations due to the large computational effort associated with three- 
dimensional comput at ions - 
All mesh convergence tests presented are for a turbulent 
flow. 
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3.3.1 HRE convergence tests 
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Figures 3.9 and 3.10 present the centrebody pressure and skin friction plots respec- 
tively. The plots presented are for a Mach 5 free stream with an adiabatic wall. 
Similar mesh convergence studies have also been performed for free stream Mach 
number of 6 and 7, both for an adiabatic wall and an isothermal wall; mesh inde- 
pendence for these cases have also been obtained but is not shown. The Mach 5 case 
is shown as it is the case where a small scale separation occurs, requiring adequate 
boundary layer resolution to resolve. In the figures, the coarse mesh is composed 
of 201 by 253 cells, the medium mesh of 401 by 405 cells and the fine mesh of 677 
by 609 cells. The coarse mesh under-predicts the pressure peaks, but generally the 
pressure plots collapse for the three mesh cases. The skin friction plots agree less 
well, but differences are still very small. For all three cases, the skin friction be- 
comes negative at x -, 0.97m, showing a small scale separation. This separation is 
approximately the same size for all three meshes. 
The internal flow for the coarse, medium and fine meshes is shown in figures 3.11, 
3.12 and 3.13 respectively. All three plots show the same basic flow features. In- 
creasing the number of nodes increases the resolution of the solution: the shock 
waves become sharper and some secondary shocks become visible. 
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Figure 3.9: HRE centrebody surface pressure plots, from a Mach 5 simulation, for 
coarse, medium and fine meshes 
low resolution mesh 
medium resolution mesh 
high resolution mesh 
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Figure 3.10: HRE centrebody surface skin friction plots, from a Mach 5 simulation, 
for coarse, medium and fine meshes 
low resolution mesh 
medium resolution mesh 
high resolution mesh 
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Figure 3.11: Density contours for HRE intake at Mach 5 with a coarse mesh. 
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Figure 3.12: Density contours for HRE intake at -Mach 5 with a medium mesh. 
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Figure 3.13: Density contours for HRE intake at Mach 5 with a fine mesh. 
3.3.2 SHyFE convergence tests 
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Most of the computations of the SHyFE intake are turbulent and three-dimensional, 
so require substantial computational effort. Three mesh sizes are used to examine 
the effects of mesh refinement, namely a coarse, medium and fine mesh. The fine 
mesh represents a physical simulation time of approximately two months to reach a 
time converged solution. Hence, producing solutions using a more refined mesh and 
proving the computations are mesh-converged was not possible with the available 
computational power. In the figures, the coarse mesh consists of 154 x 67 x 10 cells, 
the medium mesh of 230 x 132 x 18 cells and the fine mesh of 458 x 262 x 26 cells. 
All computations in this section are for a Mach 6 free stream and at 5' incidence. 
Figures 3.14,3.15 and 3.16 show density contours on the leeward side for the coarse, 
medium and fine mesh respectively. For all three meshes, the mesh resolution in 
the region above the cowl is poor. However, the research focuses completely on 
the internal flow between the centrebody and cowl: the flow resolution outside the 
cowl does not impact the internal flow, so the mesh in this region is made coarse 
0.90 0.95 1.00 
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to reduce simulation time. Consequently, the forebody tip shock in this region is 
poorly resolved. 
With increasing mesh refinement, the internal flow features become sharper and 
more resolved. All three meshes show the same basic flow features including a 
separated boundary layer on the forebody. Some secondary flow features, however, 
do appear between the centrebody and the cowl, so one cannot say for certain that 
the most fine mesh is a mesh- independent solution. Even so, because no major flow 
features develop with increasing mesh resolution, it is likely that the major flow 
features have been captured with the fine mesh. 
Figures 3.17,3.18 and 3.19 show surface streamlines for the coarse, medium and fine 
inesh cases respectively. 
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Figure 3.14: Density contours on the leeward side for SHyFE (SM) intake at Mach 
6: coarse mesh computation. 
3.3. Validation and Convergence 
0-03, 
0-03C 
E 0.028 
,a 
cc 1-- 0.026 
0.024 
0.022 
61 
Figure 3.15: Density contours on the leeward side for SHyFE (S2iO) intake at Mach 6: medium mesh computation. 
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Figure 3.16: Density contours on the leeward side for SHyFE (SIO) intake at -Mach 6: fine mesh computation. 
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Figure 3.17: Surface streamlines for SHyFE (S2iO) intake at Mach 6: coarse mesh 
compu a ion. 
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Figure 3.18: Surface streamlines for SHyFE (S2iO) intake at Mach 6: medium mesh 
computation. 
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Figure 3.19: Surface streamlines for SHyFE (S2iO) intake at Mach 6: fine mesh 
compu a ion. 
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Chapter 4 
HRE: Inviscid Flow Wave SYstems 
This chapter investigates the inviscid wave system of the HRE inlet. Table 4.1 
presents the freestream Mach number M,,,, total pressure po,,,, total temperature 
To, c, and unit Reynolds number for the different test conditions both in this chapter 
and in chapter 5. Flow at the design case of Mach 6 is presented first, followed by 
off-design cases of Mach 5 and 7. The effects of viscosity is dealt with in chapter 5, 
for both an adiabatic wall and a cold wall of 500 K. 
-A/I,,,, po,,, 
(KPa) To,,,,, (K) Unit Reynolds No. (m-') 
5.13 29.44 1222 9.45 E+06 
6.02 51.49 1639 7.20 E+06 
7.14 68.66 1662 5.86 E+06 
Table 4.1: Test conditions 
4.1 Forebody Wave System 
The forebody provides the first stage of compression through an oblique shockwave 
formed at the forebody tip, followed by external compression through two isentropic 
compression fans. Figure 4.1 is a schematic of this wave sYstem for the forebody 
alone, Nvith the 'on-design* cowl position overlayed. In the diagram. the cowl is 
not part of the CFD and does not contribute to the wave system. The (external) 
64 
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forebody compression system is composed of an initial conical section of 10', followed 
by a 'mixed compression surface', then a final conical section of 22'. Here, the mixed 
compression surface is made up of forward and aft concave isentropic surfaces either 
side of a conical section of 15.82'. This wave system is regarded on-design as the 
forebody-tip shock would impinge the leading edge of the cowl. 
I 
10 0 cone mixed compression 
surface 
22 01 expansion 
cone surface 
Figure 4.1: HRE forebody wave system on design at Mach 6, not to scale. The cowl 
position is overlayed and does not contribute to the wave system. 
A more detailed picture of the (inviscid) wave system, in the region of the intended 
position of the cowl leading edge, is shown in figure 4.2. A dotted line shows where 
the cowl would be for an on-design case. Important features of the flow are labeled 
A to H. The forebody tip shock, A, coalesces with the forward and aft compression 
fans, B and C respectively, at D. Ideally, a triple point would form at D but in 
reality the waves coalesce in a small region. From Da shock, E, shear layer, F, and 
expansion fan are transmitted downstream. The forward isentropic compression 
fan,, B, coalesces to form an oblique shock which would impinge the inner surface of 
the cowl. Downstream of this, the aft compression fan, C, would impinge the cowl. 
Because the three cornpression waves, A, B and C do not coalesce before interacting 
with the cowl, the streamwise pressure gradient at the cowl surface is not as severe 
as if the waves were coalesced, so a boundary layer on the cowl surface is more likelv 
shock-on-Iii) cowl 
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to overcome this adverse pressure gradient without separating. 
Downstream of the mixed compression surface a third conical section leads to a 
region of near-uniform flow, G, followed by the centrebody shoulder where an ex- 
pansion region H forms. 
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Figure 4.2: Inviscid HRE centrebody (no cowl) wave system at Mach 6 near the 
cowl lip. The intended position of the cowl is shown with a dotted line. 
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4.2 Flow Analysis: Thin Cowl 
4.2.1 On Design: Mach 6 Flow 
Figure 4.3 shows density and entropy contours resulting from a Mach 6 computation 
of the HRE with a 'thin' cowl. The thin cowl is the inner surface profile of the ac- 
tual HRE cowl and is used to show the inlet wave system without cowl leading edge 
effects. Also shown are three C+ characteristic lines, A to C, transmitted from the 
beginning of the forward isentropic section, the beginning of the aft isentropic com- 
pression section and the end of the aft isentropic compression section respectively. 
The forebody tip shock lies just above the leading edge of the cowl, with little loss 
of mass capture. The geometry of the cowl near the cowl leading edge follows the 
post- forebody- shock streamlines, so no significant wave is generated at the leading 
edge of the cowl: an extremely weak shockwave forms, seen in figure 4.3(a), but is 
so weak that no entropy increase is seen in figure 4.3(b). 
The compression waves from the aft isentropic compression surface is bound by the 
forebody tip shock and the C+ characteristic A. When the aft compression waves 
interact with the inner surface of the cowl, much of this compression fan has already 
coalesced to form an oblique shock; the point at which the characteristic A intersects 
the cowl, the compression waves reflect as an oblique shock wave. The rear isentropic 
compression fan, bound by B and C, does not focus until after reflecting from the 
cowl. The coalescence of the forward and aft compression waves occurs at region D, 
from where a slip surface is convected downstream. At region D, due to the increased 
shock strength, an entropy increase occurs, labeled E in figure 4.3(b). There is also 
an entropy increase above the outer surface of the cowl in figure 4.3(b), but this is 
likely to be caused by numerical errors associated with 'stepping' due to the coarser 
mesh in the region above the cowl. 
The overall entropy increase, hence total pressure loss, is extremely small, implý - 
ing an excellent total pressure efficiency at the current conditions, albeit inviscid. 
Regions of increased entropy in figure 4.3(b) are at the centrebody surface, due to 
blunting of the forebody tip, at the point at which the compression waves coalesce 
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and near the upper surface of the cowl. 
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Figure 4-3: Flow contours for thin cowl case at Mach 6. (a) Density contours in 
steps of 0.2p,,,, (b) entropy contours in steps of 0.2(S - S,,, )IR. 
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4.2.2 Off-Design Flow Conditions 
Mach 5 Flow 
The flow resulting from a Mach 5 simulation with a thin cowl is shown in figure 
4.4. The main difference between this Mach 5 case and the Mach 6 case, shown 
previously in figure 4.3, is that the forebody-tip shock lies above the cowl, resulting 
in a loss of mass capture. The flow entering the inlet is turned through a very weak 
shock at the leading edge of the cowl, which results in a small total pressure loss. 
Compression waves from the fore and aft isentropic wave sections, having reflected 
from the cowl, coalesce forming an oblique shock. This shock coalesces with the cowl 
lip shock and reflects from the centrebody as a regular reflection at approximately 
x=0.992 m. As with the Mach 6 case, the flow entering the combustor has little 
loss of total pressure and is free from slip surfaces. 
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Figure 4.4: Density contours in steps of 0.2p. for thin cowl case at Mach 5. 
Mach 7 Flow 
Density contours from a 1\, Ia, ch 7 simulation are shown in figure 4.5. As the freestrearn 
00 
Alach number is higher than the on-design Mach number, the forebody-tip shock 
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lies closer to the forebody surface and impinges the inner surface of the cowl. The 
cowl tip sees free stream flow which is turned through an expansion fan towards the 
cowl. The forebody-tip shock is also turned by this expansion fan, and reflects off 
the inner surface of the cowl as a regular reflection. Downstream of this reflection, 
the isentropic compression fans coalesce with the forebody tip shock, and reflects at 
the centrebody as a second regular reflection, at approximately x=1.01 m. 
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Figure 4.5: Density contours in steps of 0.2p,,, for thin cowl case at Mach 7. 
4.3 Flow With Blunt Cowl 
4.3.1 Design Case 
Figures 4.6 to 4.8 show density and entropy contours at the same (Mach 6) conditions 
as shown in figure 4.3, but with a blunt cowl. The computation is initialised by 
setting the whole computational domain with freestrearn values. As the computation 
starts, a cowl-lip bow-shock and centrebody-tip- shock begin to form, lying close to 
the centrebody and cowl, respectively. After some time, the centrebody-tip shock 
impinges the inner surface of the cowl; the point of impingement gradually moves 
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upstream towards the cowl lip. Figure 4.6 shows the density and entropy contours 
after the centrebody centrebody shock has impinged the cowl, at a dimensionless 
time of i= 80. Here, and throughout the thesis, time is non-dimensionalised by: 
t U00 
xc 
where t is the time, U,,, is the freestream velocity and XC is the location of the cowl 
leading edge. Thus, a dimensionless time of 1.0 is the time that the freestream 
takes to travel one forebody length. 
At the cowl lip, a bow shock forms, followed by an expansion fan. The net wave 
system produced at the cowl lip is an expansion, as the freestream flow must be 
turned towards the cowl surface. The centrebody shock interacts with the cowl lip 
wave system, being turned towards the cowl. The shock is turned sufficiently to 
reflect from the cowl surface as a Mach reflection. An entropy layer generated by 
the cowl bow-shock is observed in 4.6(b). Note that this entropy increase, along the 
inner surface of the cowl, is caused by the curvature of the bow shock, and is not a 
numerical error: no such entropy layer was observed in the corresponding thin cowl 
computation, figure 4.3(b). The region of the highest entropy is where the Mach 
reflection on the inner surface of the cowl occurs, X=0.962 m. 
After i= 456, a small separation region appears on the inner surface of the cowl, 
which grows and propagates upstream in time. Density and entropy contours at 
i= 456 are given in figure 4.7, showing the separation region. This separated flow 
is obviously not a classical viscous separation, as it is the (inviscid) Euler equations 
that are being solved. Flow separation is usually associated with the generation of 
vorticity through the no-slip boundary condition in a viscous flow, so the occurrence 
of inviscid separation requires some discussion, presented in the next section. 
Two ('+ chamcteristics from (a) the end of the forward compression section and 
(b) the beginning of the aft compression section are labeled A and B respectively 
in figure 4.7(a). Characteristic A coalesces with the forebody tip shock upstream 
of the separation bubble and impinges the front of the bubble. The second set 
of compression waves, downstream of B, also impinge the separation bubble. The 
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highest entropy production is seen at the front of the separation bubble. This is due 
to the flow here passing through both the cowl bow-shock and a _Mach stem caused 
by a reflection of the coalesced forward compression waves, A. As the separation 
grows in size, so does the separation shock and the subsequent loss of total pressure. 
resulting in a low total pressure region within the separated flow. 
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Figure 4.6: Flow contours for blunt cowl case at Mach 6. i= 80. (a) Density 
contours in steps of 0.2p, (b) entropy contours in steps of 0.2(S - S,,,, )IR. 
As time increases further, the separation bubble moves upstream until it stabilizes 
behind the cowl lip bow shock, shown in figure 4.8, where the sonic line is shown by a 
dotted line. C+ characteristics from the beginning and end of the forward isentropic 
compression region, the end of the aft compression section and the beginning of 
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the centrebody expansion section are given by lines A, B. C and D respecth-ely. 
The subsonic flow within the separation bubble is accelerated by the expansion D; 
downstream of D the subsonic stream reduces until the flow is fully supersonic. The 
greatest entropy increase is seen within the separation bubble, see figure 4.8(b). 
Since (i) the separation bubble is steady and (ii) flow cannot diffuse out of the 
separation bubble (for the inviscid flow modeled here), the high entropy flow within 
the separation bubble cannot 'escape' from the bubble. Therefore, flow entering the 
combustor would not see the high entropy flow in the separation bubble; the region 
of high entropy flow within the separation bubble does not explicitly alter the intake 
performance. However, the separation increases the effective bluntness of the cowl, 
so increase the strength of the cowl bow shock and the subsequent entropy increase 
across the bow shock. 
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Figure 4.7: Flow contours for blunt cowl case at Mach 6. t -- 456. (a) Density 
contours in steps of 0.2p, (b) entropy contours in steps of 0.2(S - S,,, )IR. 
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Figure 4.8: Flow contours for blunt cowl case at Mach 6. Steady solution. (a) ?D 
Density contours in steps of 0.2p,,,, (b) entropy contours in steps of 0.2(S - S,, )IR. 
Inviscid Separation 
The Euler equations allows for the introduction of vorticity through nonuniform 
shockwaves. Crocco's Theorem relates entropy gradients in frictionless, non-conducting, 
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steady, adiabatic flows. In natural coordinates. Crocco's Theorem can be written 
as: 
dS dho 
= -+uw (4.2) dn dn 
stating that for an adiabatic system, such as the inviscid flows presented in this 
chapter, for vorticity to be generated, entropy gradients must be present or vice- 
versa. The vorticity required for the separation seen in the previous section is 
generated through the near-cowl wall entropy layer. 
An inviscid separation can be argued in terms of total pressure. Figure 4.9 is a 
schematic of the separation observed in the previous section. Flow that crosses the 
4normal' part of the bow shock experiences a larger loss of total pressure than flow 
that passes a weaker part of the shock. The resulting total pressure (or entropy) 
gradient has a small near-wall velocity, which increases with distance from the wall. 
The velocity profile within the entropy layer is somewhat like a viscous boundary 
layer, but with a generally non-zero wall velocity. When the centrebody shockwave 
impinges the entropy layer, the difference between the pre-shock pressure, pi, and 
the higher post-shock pressure, P2, decelerates the flow. There is a certain pressure 
difference for which the near-wall flow stagnates. Increasing this pressure difference 
further must result in the near-wall velocity reversing. Hence, if the loss of total 
pressure is large enough so that it can no longer withstand the post-shock pressure 
rise, the near-wall flow must reverse, causing separation. Instead of a viscous bound- 
ary layer from separating from the wall, it is the (compressible) entropy layer that 
separates. 
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Figure 4.9: Schematic of inviscid separation. 
4.3.2 Off-Design Mach Number Flows 
Mach 5 
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Mach 5 is an off-design case as the forebody-tip shock lies above the cowl, reducing 
the mass capture ratio. The flow resulting from a Mach 5 computation, with an ini- 
tial condition of Mach 5 flow everywhere, is shown in figures 4.10 to 4.11. As with 
the Mach 6 case, shown previously in section 4.3.1, a time history shows the forma- 
tion of a centrebody-cowl shock system. Figure 4.10 shows the flow after i= 120, 
when the forebody shock impinges the inner surface of the cowl (at approximately 
x=0.92 m), and interacts with the entropy layer formed and convected from the 
leading edge of the cowl. However, unlike the Mach 6 case, this compression sys- 
tem does not separate the inviscid entropy layer: the flow remains attached. With 
increasing time, the impingement position of the forebody shock on the cowl moves 
upstream, remaining attached, and finally moves above the cowl, causing a loss of 
mass capture. The final density and total pressure contours are shown in figure 
4.11. The flow leaving the inlet is generally uniform, and in terms of total pressure 
recovery, the only major losses are due to the strong bow shock at the leading edge 
of the cowl. In terms of mass capture, though, there is also a loss associated with 
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the forebody tip shock lying above the cowl. 
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Figure 4.10: Flow contours for blunt cowl case at Mach 5. i= 120. (a) Density 
contours in steps of 0.2p, (b) entropy contours in steps of 0.2(S -S... )IR. 
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Fio-ure 4.11: Flow contours for blunt cowl case at Mach 5. Final steady state ýn 
solution. (a) Density contours in steps of 0.2p,,,,, (b) entropy contours in steps of 
0.2 (S - S,,, ) / R. 
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Mach 7 
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Density and total pressure contours from a Mach 7 simulation with a thick cowl 
are shown in figures 4.12 and 4.13. A time history shows the formation of the 
forebody-cowl shock system; the forebody shock separates the cowl entropy layer, 
as was found for the Mach 6 case. This separated entropy layer grows upstream, 
until being momentarily stabilised at the leading edge of the cowl, after i= 440, 
shown in figure 4.12. The separation bubble increases the effective bluntness of the 
cowl. Consequently, the cowl bow shock impinges on the centrebody both further 
upstream and at a steeper angle, compared with if the separation bubble had not 
been present. The bow shock reflects at the centrebody and impinges on the rear 
of the separation bubble. This in turn increases the pressure inside the separation 
bubble and further increases the strength of the bow shock. After i= 805, the 
separation bubble becomes so large that flow is no longer able to pass between 
the separation bubble and the centrebody - the only solution is for the upstream 
conditions to change through a detachment of the bow shock. A snapshot of the 
resulting (unsteady) flow is shown in figure 4.13. 
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Figure 4.12: Flow contours for blunt cowl case at Mach 7. i= 440. (a) Density 
contours in steps of 0.5p,,,, (b) entropy contours in steps of 0.2(S - Sc .. 
)IR. 
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Figure 4.13: Flow contours for blunt cowl case at Mach 7. Final solution. (a) 
Density contours in steps of 0.5p, (b) entropy contours in steps of 0.2(S - S,, ý)IR. 
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4.4 Acceleration and deceleration of the engine 
Computations in this section simulate acceleration (or deceleration) of the engine by 
changing the inflow boundary conditions with time. Over a time of I ms (t = 1606), 
the inflow Mach number and corresponding altitude change linearly from the initial 
to the final flow. Obviously, I ms is not a physically sensible time; however, the 
computations were limited by available computing power. 
4.4.1 Acceleration from Mach 5 to 6 
To simulate acceleration from Mach 5 to 6, the Mach 5 solution was used as the 
initial condition: over a time of I ms, the freestream boundary condition is stepped 
up to Mach 6 conditions. The (initial) Mach 5 solution, seen previously in figure 
4.11, has no separation, and the forebody tip shock lies above the cowl. During 
acceleration, the forebody tip shock moves closer to the cowl and stabilises on the 
leading edge of the cowl, shown in figure 4.14. For all forebody shock positions, 
the cowl leading edge sees post-shock flow, hence the strength of the bow shock at 
the leading edge of the cowl is determined by the post-shock conditions. This was 
not the case for the Mach 6 computation with an initial condition of Mach 6 flow 
(shown previously in figure 4.8), where the forebody start-up shock impinges on the 
inner surface of the cowl; the leading edge of the cowl sees freestream flow. For the 
acceleration case, the reduced Mach number of the post-shock flow has a reduced 
cowl leading edge bow shock strength, hence also a weaker entropy layer formed at 
the leading edge of the cowl. The entropy gradient is reduced sufficiently for the 
flow to be able to withstand the adverse pressure gradient and not separate. 
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Figure 4.14: Flow contours for blunt cowl case for acceleration from -Mach 5 to 6. 
Final steady solution. (a) Density contours in steps of 0.5p,,,, (b) entropy contours 
in steps of 0.2(S - S,, )IR. 
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4.4.2 Acceleration from Mach 6 to 7 
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Further acceleration of the inlet from '-\Iach 6 to Mach 7 was simulated over a time 
of 2 ms. Density and entropy contours after i= 1140- are shown in figure 4.15. 
The forebody tip-shock interacts with the upper portion of the cowl bow shock, just 
above the leading edge of the cowl. The cowl leading edge sees the post-shock flow, 
hence it is this post-shock flow that determines the strength of the cowl bow shock 
and subsequent entropy layer generated by this bow shock. A time history shows 
the effect of increasing the freestream. Mach number. 
Density and entropy contours after i= 1425 are shown in figure 4.16. Comparing 
to the flow after i= 1140, figure 4.15, the forebody tip shock now lies just below 
the leading edge of the cowl, so the cowl leading edge now sees freestrearn flow 
instead of the lower Mach number post-shock flow. As a result, the strength of the 
cowl bow shock has increased, and hence the entropy layer generated by the bow 
shock, which can be seen by comparing figures 4.15(b) and 4.16(b). The loss of 
total pressure within the increased entropy layer can now no longer withstand the 
adverse pressure gradient from the rear forebody compression section, resulting in 
a separation region. A time-history (not shown here) shows the separation bubble 
propagating upstream and finally detaching from the cowl. 
In terms of flow quality, the detached separation causes an unsteady slip stream to 
convect downstream which would enter the isolator, possibly causing combustion 
problems. The strong detached bow shock also causes a large loss of total pressure. 
A snapshot of the flow, showing the detached separation bubble is given in figure 
4.17. 
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Figure 4.15: Flow contours for blunt cowl case for Mach 6 to 7 acceleration. ý= 
1140. (a) Density contours in steps of 0.5p.., (b) entropy contours in steps of 
0.2 (S - S,,, ) / R. 
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Figure 4.16: Flow contours for blunt cowl case for Mach 6 to 7 acceleration. 
1425. (a) Density contours in steps of 0.5p,,,,, (b) entropy contours in steps of 
0.2(S - S,,,, )IR. 
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Figure 4.17: Flow contours for blunt cowl case for Mach 6 to 7 acceleration. ý= 
10800. (a) Density contours in steps of 0.5p, (b) entropy contours in steps of 
0.2(S-S ... 
)IR. 
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4.4.3 Deceleration from Mach 7 to 6 
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The deceleration of the inlet from Mach 7 to 6 is presented, starting with the Mach 
7 flow from figure 4.17. A time-history shows the flow development during decel- 
eration. As the freestream Mach number decreases, the forebody-tip shock moves 
away from the forebody and the strength of the bow shock decreases. This causes a 
decrease in the size of the separation bubble at the leading edge of the cowl; after 
i= 9700, the forebody tip impinges on the cowl leading edge and the separation 
bubble stabilises behind the leading edge of the cowl, shown in figure 4.18. At this 
stage, the separation at the cowl is still large, so increases the effective cowl blunt- 
ness significantly. As a result, the bow shock at the leading edge of the cowl has such 
an increased 'normal' section that the shock reflects off the centrebody back onto 
the separation bubble, increasing the size of the separation further. This increases 
the normal section of the bow shock; a feedback loop occurs. Comparing figures 
4.18 to figure 4.19, after i= 9700 and i= 10840 respectively, shows this increasing 
separation bubble and cowl bow shock. 
As the separation bubble grows in size, the area between the centrebody surface and 
the bubble decreases. After i= 12550, the area becomes so small that the flow can 
no longer pass between the centrebody and the separation bubble without choking. 
The separation bubble therefore moves upstream of the cowl leading edge, with 
some mass from the separation bubble being ejected outside the cowl. See figure 
4.20. Once the separation bubble has reduced in size sufficiently, after i= 19395, 
the separation bubble is able to once again stabilise behind the cowl leading edge, 
shown in figure 4.21. The flow after i= 19395 is very similar to the flow after 
i= 9700; the cowl bow shock reflects off the centrebody back onto the separation 
bubble, and the cycle continues. This type of cyclical flow is an example of inlet 
buzz. 
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Figure 4.18: Density contours for blunt cowl case, Mach 7 to 6 deceleration. 
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Figure 4.19: Density contours for blunt cowl case, Mach 7 to 6 deceleration. t 
10840. 
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Figure 4.20: Density contours for blunt cowl case, Mach 7 to 6 deceleration. 
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Figure 4.21: Density contours for blunt cowl case, Mach 7 to 6 deceleration. t- 
19395. 
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Figure 4.22: Density contours for blunt cowl case, Mach 7 to 6 deceleration. I= 
22820. 
4.4.4 Deceleration from Mach 6 to 5 
Further deceleration of the inlet from Mach 6 to 5, starting with both the buzz 
solution from figure 4.22 and the steady solution from figure 4.8 was computed. In 
both cases the separation bubble disappeared, and the same solution seen in figure 
4.11 was produced. 
4.5 Performance Assessment of Inlet 
This section provides a quantitative analysis of the inlet efficiency and performance 
measures. Various methods exist in the literature for transforming non-uniform flow 
fields to equivalent one-dimensional flows. The 'correct' transformation depends on 
the problem. Because the inlet flow would mix-out downstream in an isolator, a 
mixed-out (sometimes referred to as stream-thrust) averaging technique is used. 
This approach assumes the flow undergoes a hypothetical process downstream of 
the plane under consideration so that the flow mixes out to a uniform condition. 
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Being hypothetical, this may be undertaken under different assumptions: the most 
common and also the approach taken here, is constant area. This approach is 
mathematically sound, as there is nothing arbitrary about it beyond the specification 
of constant area. Indeed, for the case of a parallel inlet, a constant area assumption 
matches a 'real' boundary (wall) condition downstream. A mixed-out average is 
generally pessimistic compared with, say, a mass-weighted average, since is presumes 
the averaging process is irreversible. 
4.5.1 Calculation of the Mixed-Out State 
Consider the control volume in figure 4.23 
u 
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U x 
p 
p 
A2 
Figure 4.23: Control Volume mix-out averaging 
The non-uniform flow, f U, p, pl, enters the control volume, and the averaged uniform 
flow, I U, leaves the control volume. The process occurs over a length of Ax. 
If we let Ax --ý 0, then A. ) = A,: the constant area assumption. For each two- 
dimensional plane, a reference unit vector, f is chosen, and the following conservation 
integrals are performed. 
Mass flow: 
fil = 
J4 
pU - dA (4-3) 
control volume 
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Momentum: 
F= 
fA 
(pU - dA)U -f+ 
JA 
pdA -f (4.4) 
Total enthalpy: 
Ho (pU - dA) (h + 
JU12 
MA2 
(4.5) 
These equations are substituted into the following quadratic equation and is solved 
for the average Mach number, M. 
R4 2rh2H 02 4rh2HO 2 2rh2HO 
F2 + 7F2 -Y - I) 
+ 
-i, '-F2 
(4.6) 
There are two solutions for M, namely, supersonic or subsonic. The subsonic solution 
corresponds to the flow downstream of a normal shock that forms at the subsonic 
condition in a ramjet. The choice for a supersonic or subsonic solution is selected 
by comparing the result to the mass-weighted Mach number. The mass and total 
enthalpy conservation equations are well defined, however there is some ambiguity 
regarding momentum conservation, depending on the choice of the vector f. 
The first choice for f is based on the local geometry. Consider a converging (or 
diverging) duct. The direction of velocity, hence momentum, at the wall is known 
to be tangential to the wall. Assuming the radial flow shown in figure 4.24 satisfies 
these boundary conditions. However, consider the equation: 
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Figure 4.24: Control Volume radial mix-out averaging 
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(4.7) 
where the unit vector, g, is orthogonal to f For a flow to be one- dimensional, the 
stream thrust, G, must be zero. For the radial flow above, this is not generally 
the case. Hence, a second method for defining a one-dimensional flow is finding the 
vector g that gives zero streamthrust, G, for each averaging plane. The vector f is 
orthogonal to g. 
4.5.2 Calculation of the mixed-out state for separated flows 
For flow with regions of separation, care is needed when averaging flow properties. 
Consider the flow in figure 4.25 with a separation bubble on the lower surface: 
control volume 
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Figure 4.25: Mix-out averaging for flow with separation 
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For an inviscid, steady flow with separation, mass within the separation bubble, 
bound by the separating streamline and the solid wall, will always remain in the 
separation bubble and does not leave the inlet. The flow properties within the sep- 
aration bubble, therefore, do not explicitly alter the performance of the inlet (for a 
supersonic flow, a separation bubble will have an associated separation shock, reduc- 
ing the inlet performance). When averaging the flow properties, separation bubbles 
are ignored, and the separating streamline is considered to be a solid boundary. 
To estimate the edge of a separation bubble, the control volume is drawn such that 
the separation streamline defines an upper or lower boundary. It is assumed that 
the edge of the separation bubble is contained within the control volume so that 
the flow leaving the control volume is uniform and occupies the whole of the inlet 
height. Again, the control volume length, Ax, tends to zero; however, the area of 
the front of the control volume A, does not equal A2. Once the control volume has 
been defined, the conservation equations are used as before. 
Tables 4.2,4.3 and 4.4 present the freestream Xlach number, Al,,, mass capture ratio, 
7-h/fii,, kinetic energy efficiency, 71KE, and total pressure recovery, 71TOTPR for the 
conditions discussed in this chapter. 
4.5. Performance Assessment of Inlet 
M, r4/ýnoo 77KE 71TOTPR figure 
5 0.866 0.986 0.79 4.3 
6 0.997 0.983 0.67 4.4 
7 0.999 0.973 0.38 4.5 
Table 4.2: HRE Performance for Thin Cowl Cases 
Moo Tý1/7ýloo TIKE 77TOTPR figure 
5 0.878 0.979 0.69 4.8 
6 0.995 0.969 0.48 4.11 
7 0.98 0.98 0.41 4.13 
Table 4.3: HRE Performance for Blunt Cowl Cases 
Moo Th/Thoc UE 77TOTPR figure 
5-6 0.998 0.986 0.57 4.14 
6-7 0.87 0.87 0.16 4.17 
7-6 0.75 0.89 0.20 4.18,4.19,4.201 4.211 4.22 
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Table 4.4: HRE Performance for Blunt Cowl Acceleration/ deceleration Cases 
Chapter 5 
HRE: Viscous Flow Wave System 
The previous chapter was primarily concerned with studying the main inviscid wave 
interactions that govern the inlet flow. This chapter will continue by presenting an 
analysis of the wave system in the viscous modelling of the HRE inlet at the same 
test conditions as in chapter 4, discussing the problem of possible boundary layer 
separation. All computations in this chapter are with a blunt cowl. 
Shock-boundary layer interactions often lead to the flow separation, which can be 
undesirable in hypersonic intakes as it may lead to loss of aerodynamic performance 
and flow unsteadiness. Separation and reattachment shocks can lead to more com- 
plex wave patterns and also have an associated loss of total pressure. Small scale 
separation is often expected in hypersonic intakes and may be acceptable, as long 
as sufficient compression efficiency is achieved. Large scale separation is always 
unacceptable. 
5.1 Viscous Laminar Flow 
Starting with the inviscid Mach 5 solution from Chapter 4 as the initial condition, 
viscosity was 'switched-on'. and the flow was allowed to develop. Figure 5.1 shoNN-s 
a time-history of this flow development. After [2 = 40, many separation bubbles 
form due to shock boundary interactions, where a complex, unsteady shock system 
forms. With increasing time, the separated regions grow and the inlet eventuallv 
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unstarts (13 = 305 and [4 = 550). Given the inlet unstarts at Mach 5 in the case 
of laminar viscous computations, it is likely the engine will also unstart at higher 
Mach numbers. This is because, at higher -XIach numbers, the stronger compression 
waves from both the forebody and cowl will generate more severe adverse pressure 
gradients, hence increasing the chance of separation further. 
1. Viscous Laminar Flow 
x (M) 
x (M) 
0 
x (M) 
x (M) 
101 
Figure 5.1: Mach 5 viscous laminar computation: density contours at (a) tj - Ol 
4 0, (c) t, 3= 305 and (d) t4= 550 
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It is unsatisfactory to perform laminar simulations alone. During experimental test- 
ing of the HRE engine, a natural transition from a laminar to a turbulent boundary 
layer on the centrebody surface was found. ", 54-56, '19 A turbulent boundary layer 
can more readily withstand an adverse pressure gradient without separating, and is 
often the only way that a hypersonic air breathing intake can achieve an acceptable 
performance. Transition from laminar to turbulent flow for all turbulent flows in 
this chapter is assumed to be at x=0.48m, consistent with the experimental value 
found by Andrews. 52 In this section, the intake walls have an adiabatic boundary 
condition. Later sections deal with an isothermal wall boundary condition. 
5.2.1 Mach 5 
Density and entropy contour plots from a Mach 5 case are shown in figure 5.2. 
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Figure 5.2: Flow contours for blunt cowl case at Mach 5. (a) Density contours in 
steps of 0.5p,,,, (b) entropy contours in steps of 0.2(S - S,, ý)IR. 
Comparing figure 5.2 with the corresponding Mach 5 inviscid computation in Chap- 
ter 4, figure 4.11, the most noticeable viscous effect is the addition of a boundary 
layer on the centrebody surface. The boundary layer has two main effects: firstly, it 
causes an increase in entropy near the centrebody surface, decreasing the efficiency 
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of the inlet; secondly, where the reflected coalesced forebody compression waves 
interact with the boundary layer, at the centrebody surface, a small separation bub- 
ble (separation length _-ý 0.003m) forms. However, this separation bubble has little 
effect on the flow. The entropy increase near the cowl inner surface is almost un- 
changed for both viscous and inviscid cases, and is dominated by the cowl lip bow 
shock; the effect of the boundary layer on the cowl inner surface is small. 
5.2.2 Mach 6 
Density and entropy contour plots, for a Mach 6 turbulent computation, are shown 
in figure 5.3. The initial condition for the computation is the steady turbulent 
solution at Mach 5, figure 5.2, with the inflow boundary condition incremented to 
Mach 6 conditions over a time of I ms. The separation bubble on the centrebody, 
also seen at Mach 5, remains stable at Mach 6, but moves upstream. Again, this 
separation is small and has negligible effect on the flow. However, at Mach 6, a 
separation bubble at the cowl leading edge forms. At the higher Mach number of 6, 
the entropy layer near the cowl inner surface is more severe. A combination of this 
entropy layer and boundary layer, interacting with the forebody compression waves, 
causes the cowl boundary layer to separate. The separation bubble stabilizes at 
the front of the cowl, and increases the effective bluntness of the cowl. As a result, 
the cowl bow shock increases its stand-off distance from the cowl leading edge, so 
has an larger increase in entropy associated with it. Comparing the inviscid flow 
contours, figure 4.14, and the turbulent flow contours, figure 5.3, a slightly greater 
increase in entropy near the cowl inner surface is seen in the turbulent case due 
to the separation bubble on the cowl. The main difference in entropy is near the 
centrebody, caused by the boundary layer. 
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Figure 5.3: Flow contours for blunt cowl case for acceleration from Mach 5 to 6. (a) 
Density contours in steps of 0.5p,,,,, (b) entropy contours in steps of 0.2(S - S,,,, )IR. 
In reducing the freestream boundary from Mach 6 to Mach 5, simulating a deceler- 
ation of the engine, the separation on the cowl inner surface disappears. The steady 
solution is the same as the solution obtained starting with Mach 5 flow everywhere. 
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5.2.3 Mach 7 
Starting with the Mach 6 solution, figure 5.3, and over a period of I ms (t = 1903). 
the inflow was changed to Mach 7 conditions, simulating acceleration from Mach 
6 to Mach 7. The resulting density contours at four different times are shown 
in figures 5.4 to 5.7. With increasing Mach number, the forebody compression 
waves move closer to the centrebody surface and the forebody tip shock moves such 
that it impinges on the inner surface of the cowl. The forebody shock/cowl bow 
shock interaction varies from an Edney Type VI interaction through to a Type I 
interaction. The effect of the forebody tip shock impinging on the inner surface 
was explored inviscidly in chapter 4: the cowl leading edge bow shock increased in 
strength, causing an increased cowl entropy layer and ultimately lead to an inviscid 
separation forming at the cowl surface. The corresponding turbulent computations 
also show the bow shock increasing in strength and a separation bubble on the cowl 
surface. 
Figure 5.4 shows the flow after i= 2510: the forebody tip shock impinges on 
the separation bubble at the cowl. The interaction causes the pressure within the 
separation bubble to increase, which is transmitted to the entire separation bubble 
through the region of subsonic flow within the bubble. The bubble must therefore 
grow in size and so increases the effective bluntness of the cowl. With increasing 
time, the cowl bow shock becomes progressively more 'normal' to the freestream 
and impinges on the centrebody progressively further upstream. The centrebody 
separation, caused by the interaction of the cowl bow shock and the centrebody 
boundary layer, also moves upstream until the centrebody separation shock interacts 
with the cowl separation bubble. This is shown in figure 5.5. A feedback system 
exists, in that the centrebody separation shock increases the pressure of the cowl 
separation bubble, hence increasing the strength of the cowl separation shock and 
hence enhances the centrebody separation. Coupled with this, as the cowl bow shock 
becomes stronger, the geometry of the centrebody at the new impingement point is 
different, and therefore has a different pressure gradient. changing the centrebody 
sepýinition further. which rapidly grows in size and propagates upstream. 
5.2. Turbulent Flow with Adiabatic Wall 107 
The cowl and centrebody separation bubbles form a` blockage' within the inlet, which 
reduces the effective area of the inlet duct. As these separation bubbles increase in 
size, the area that flow can ass through reduces. The CFD shows that the flow can p 17) 
no longer navigate past the separation bubble and the only flow solution is for the 
upstream conditions to change. This is achieved by the cowl bow shock detaching. 
This is shown in figure 5.6. The flow at this stage is extremely unsteady due to the 
two separation bubbles. The core flow that leaves the inlet, to enter the combustor, 
has a very high entropy; see figure 5.6. 
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Figure 5.4: Density contours in steps of 0.5p. for acceleration from Mach 6 to 7. 
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Figure 5.5: Density contours in steps of 0.5p,, for acceleration from Mach 6 to 7. 
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Figure 5.6: Flow contours for acceleration from Mach 6 to 7. i= 6733 
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Figure 5.7: Density contours in steps of 0.5p,,,, for acceleration from Mach 6 to 7. 
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5.2.4 Mach 7 to 6 
Deceleration of the freestream boundary flow from Mach 7 to Mach 6 was performed 
over a time period of 2ms, which corresponds to i= 3804. A time history of the 
deceleration is shown in figures 5.8 to 5.11. The initial flow-field, with a freestream 
Mach number of 7, is shown in figure 5.7; the cowl leading edge bow shock is 
detached. When the freestream flow is decelerated, the forebody tip shock moves 
above the cowl leading edge: the interaction between the forebody tip shock and cowl 
bow shock changes from an Edney Type I interaction to a Type VI interaction. Note 
that the cowl shock stand-off distance is not driven by the cowl leading edge radius, 
as for a classical Edney interaction, but by the internal flow choking. The cowl 
leading edge separation bubble therefore reduces in size. This process is unsteady, 
however, resulting in complex unsteady internal wave interactions. After T= 5364, 
the cowl leading edge shock re-attaches, but two further separation bubbles are 
formed resulting from the unsteady boundary layer/shock wave interactions, shown 
in figure 5-8. 
5.2. Turbulent Flow with Adiabatic Wall III 
Important flow features are labeled A to F: the cowl separation bubble A, centrebody 
separation bubble B, secondary centrebody separation bubble C, cowl bow shock D, 
centrebody separation shock E and forebody tip shock F. The interaction between 
the cowl bow shock, D, and the centrebody separation, B, increases the pressure in 
the separation bubble, B. Hence, the centrebody separation shock, E, increases in 
strength and impinges on the cowl separation bubble, A, which increases the pressure 
of the cowl separation bubble A. Consequently, the two separation bubbles, A and B, 
increase in size, and the centrebody separation, B, moves upstream. This interaction 
is similar to the interaction observed in the Mach 7 case previously. 
Figure 5.9 shows the flow after i= 6048. Compared to the flow in figure 5.8, the 
centrebody separation bubble, B, has moved upstream. With increasing time, the 
separation bubble, B, continues to propagate upstream and grows in size (illustrated 
in figure 5.10), reducing the inlet capture area. Eventually, the effective inlet area 
becomes too small and chokes the flow, causing inlet unstart, shown in figure 5.11. 
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Figure 5.9: Density contours in steps of 0.5p,, for deceleration from Mach 7 to 6. 
i= 6048. 
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Figure 5.10: Density contours in steps of 0.5p,,, for deceleration from Mach 7 to 6. 
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Figure 5.11: Flow contours for deceleration from Mach 7 to 6. ý= 8330. (a) Density 
contours in steps of 0.5p,,,,, (b) total pressure contours in steps of 0.05po/po,,. 
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The HRE was designed to have actively cooled walls, at a temperature of 500 K. 
During wind tunnel testing of the HRE, this was achieved by pumping water near 
the cowl and centrebody walls; hydrogen fuel would have been used to cool the walls 
in flight. Simulations in this section are for turbulent flows, with both the cowl and 
centrebody wall temperatures set to 500 K through an isothermal wall boundary 
condition. 
Decreasing the temperature of the wall decreases the temperature of the boundary 
layer. This temperature decrease is matched by an increase of density in the bound- 
ary layer. The result is that the thickness of the boundary layer is smaller for a cold 
wall compared to a hotter wall (in this case an adiabatic wall). 
5.3.1 Mach 5 
Density contours from a Mach 5 computation are shown in figure 5.12. Comparing 
with the corresponding adiabatic computation, figure 5.2, the main difference is the 
lack of flow separation on the centrebody. The thinner boundary layer associated 
with a cold wall can more readily withstand an adverse pressure gradient; the coa- 
lesced forebody compression waves do not separate the centrebody boundary layer. 
However, the centrebody separation, seen for the adiabatic wall computation, has 
negligible effect on the flow, and the flow entering the combustor in both cases is 
similar. 
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Figure 5.12: Flow contours for cold wall blunt cowl case at Mach 5. Final steady 
solution. (a) Density contours in steps of 0.5p,, (b) total pressure contours in steps 
of 0.05pO/pO,,,, - 
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5.3.2 Mach 6 
Starting from the Mach 5 computation of figure 5.12, the freestream boundary con- 
dition was increased to Mach 6 conditions; the resulting density and total pressure 
contours are given in figure 5.13. Refer to figure 5.3 for a comparison to the cor- 
responding adiabatic wall case. As with the Mach 5 computation, the centrebody 
boundary layer withstands the coalesced forebody compression waves without sep- 
arating. More noticeable, however, is the lack of separation on the cowl behind the 
cowl bow shock. 
The inviscid computation of chapter 4 showed that the entropy layer on the cowl 
inner surface did not separate when subject to the forebody compression waves at 
Mach 6. However, for a turbulent computation with an adiabatic wall, figure 5.3, 
the combination of the entropy layer and boundary layer lead to separation of the 
cowl boundary layer. In contrast, for a colder wall, for this case, the thinner cowl 
boundary layer is able to withstand the adverse pressure gradient from the forebody 
compression waves without separating. 
In terms of inlet performance, the less severe cowl bow shock for the cold-wall 
computation has a better total pressure recovery than the stronger shock for the 
adiabatic case. 
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Figure 5.13: Flow contours for cold wall blunt cowl case at Mach 6. 
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5.3.3 Mach 7 
Increasing to Mach 7 results in the steady density and total pressure contours shown 
in figure 5.14. The forebody shock interacts with the cowl bow shock as an Edney 
Type I interaction, whereas at Mach 6 the interaction is of Type VI. As seen from 
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both the inviscid and turbulent with adiabatic wall computations, figures 4.1 71 and 
5.7 respectively, the forebody flow at Mach 7, with a Type I interaction, leads to an 
increased cowl bow shock and a separation bubble forming on the cowl. The same 
separation is seen for the cold wall case in figure 5.14. 
For the inviscid computation, the separation lead to a large stand-off distance be- 
tween the cowl bow shock and the cowl lip. For the adiabatic computation, an 
interaction between the centrebody separation and the cowl separation also lead to 
a large stand-off distance between the cowl bow shock and the cowl lip. For the 
cold-wall case in figure 5.14, no such large stand-off distance exists. In terms of inlet 
performance, both the small stand-off distance of the cowl bow shock and the lack 
of a sizable centrebody with an associated separation shock, leads to a better total 
pressure recovery. 
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Figure 5.14: Flow contours for cold wall blunt cowl case at Mach 7. Final steady 
solution. (a) Density contours in steps of 0.5p,,,,, (b) total pressure contours in steps 
of 0.05po/po.. 
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Deceleration of the intake from Mach 7 to 6 was simulated over a time of 2 ms. 
As the freestrearn reduces in Mach number, the forebody tip shock moves away 
from the centrebody. The cowl separation decreases, shown in figure 5.15, until the 
forebody tip shock moves outside the leading edge of the cowl and the separation 
disappears completely. This is shown in figure 5.16. Note that the flow at Mach 
6 after decelerating from Mach 7 is identical to the Mach 6 flow after accelerating 
from Mach 5 and no hysteresis is seen. This is in contrast to the turbulent flow with 
an adiabatic wall and the inviscid cases. 
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Figure 5.15: Density contours in steps of 0.5p,, for cold wall case from deceleration 
from Mach 7 to 6. T=1.18 ms. 
5.3. Turbulent Flow with Isothermal Wall 
0.24 
, 0.22 E 
16- 
0.20 
0.18 
aftached flow ............ .................................. 
pp 
15.0 
12.0 
9.0 
6.0 
3.0 
0.0 
IT 
0.90 0.95 1.00 
x (M) 
(a) 
0.24 
, 0.22 
0.20 
0.18 
p0/ PO 
1.0 
0.8 
0.6 
0.4 
0.2 
0.0 
121 
0.90 0.95 1.00 
x (m) 
(b) 
Figure 5.16: Flow contours for cold wall blunt cowl case at Mach 6. (a) Density 
contours in steps of 0.5p,,, (b) total pressure contours in steps of 0.05po/po.. 
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5.4 Comparison with NASA Experimental Results 
Comparisons between the present CFD results and results obtained by -NASA are 
shown in this section. The experimental results were obtained via ground-testing a 
2/3 scale model of the HRE, 52,54 whereas the theoretical results were obtained using 
a met hod-of-characterist ics type analysis, which did not however account for the 
increase in entropy across the coalesced forebody compression waves. Comparisons 
are made for Mach numbers of 5 and 6; however, no experimental data for the 
Mach 7 configuration is available for comparison. The NASA experimental results 
were obtained from cold-wall testing; accordingly, CFD results used in comparisons 
between CFD and experiments are from cold-wall computations. 
5.4.1 Mach 6 Throat Profile 
Total pressure profiles at the throat, for a Mach 6 freestrearn flow, are shown in 
figure 5.17. The computational results are from a turbulent computation. Y/h 
varies from 0 to 1, where 0 is the centrebody surface at the throat, and I is the 
cowl surface at the throat. The centrebody boundary layer profiles in all three cases 
are similar, with the boundary layer extending to approximately y/h = 0.2. The 
experimental and CFD predictions are in excellent agreement. The 'core' flow, from 
approximately y/h = 0.2 and y/h = 0.8, agrees well, comparing the experimental 
and CFD values. The 'theoretical' case agrees less well. The total pressure profile 
near the cowl surface, from y/h = 1.0 and approximately y/h = 0.8, is very well 
matched between the CFD results and the experimental results. The theoretical 
results, however, over predict the total pressure. 
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Figure 5.17: Mach 6 total pressure profile at the throat. 
5.4.2 Mach 5: Surface pressure 
A comparison between CFD, experimental and theoretical results is also presented 
for surface pressure profiles. Both cowl and centrebody surface pressure plots are 
presented. Figures 5.18(a) and 5.18(b) show surface pressure for a Mach 5 freestream 
flow on the cowl and centrebody respectively. Refer to figure 5.12 for a contour plot 
of the Mach 5 flow. 
The pressure spike at approximately x=0.895 m for the cowl surface pressure occurs 
due to the strong bow shock at the cowl lip. Both the CFD and experimental curves 
lie close to each other in this region. Further downstream, the CFD shows reason- 
able agreement with experiment. CFD, experiment and theory for the centrebody 
agree well up to x=0.95 m. The pressure peak at x=0.97 m occurs due to the im- 
pingement of the cowl bow shock on the centrebody. Both the theoretical and CFD 
results predict a lower pressure for this peak. Further downstream., a large increase 
in pressure occurs due to the coalesced forebody compression waves impinging on 
the centrebody. In this region, the CFD pressure agrees well with experimentally 
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obtained results, and the peak occurs upstream of the theoretical peak. 
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Figure 5.18: Comparison between CFD and experiment: Mach 5 surface pressure 
plots, (a) cowl surface pressure, (b) centrebody surface pressure. 
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5.4.3 Mach 6: Surface pressure 
Surface pressure comparisons for a Mach 6 freestream are shown in figure 5.19. 
Although there are more experimental data compared to the Mach 5 case shown 
previously, there is also a large amount of scatter in the data. For a given distance 
along the cowl, X, there are up to 3 different experimental pressure readings, with 
each value representing a different azimuthal position. Given the large difference 
between azimuthal pressure readings, there must be a degree of three dimensionality 
in the flow. Some three dimensionality could arise due to local unsteady separation 
at the surface of the centrebody or at the cowl leading edge, as found through 
turbulent adiabatic CFD simulations. However, because the pressure tappings were 
widely spaced, local separation could not be detected during the NASA experiments. 
When an oblique shock wave interacts with the cowl surface, the pressure rises sud- 
denly, followed by a decrease in pressure due to the expansion of the flow, resulting 
in a very 'spiky' pressure distribution. This increasing- decreasing nature of the pres- 
sure along the surface of the cowl means that a small change in position along the 
cowl may lead to a large change in measured pressure. The different experimental 
pressure readings for different azimuthal positions may be a result of small changes 
in the relative axial position of the oblique shock waves. 
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Figure 5.19: Comparison between CFD and experiment: Mach 6 surface pressure 
plots, (a) cowl surface pressure, (b) centrebody surface pressure. 
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Comparisons of Mach number and total pressure throat profiles, obtained from the 
inviscid and turbulent computations discussed in both this chapter and chapter 4. 
are presented in this section. The profiles give a good indication of the flow quality 
entering the combustor. 
5.5.1 Mach 5 throat profiles 
Mach 5 throat profiles are presented in figure 5.20. Inviscidly, near the centrebody 
surface, there is little loss of total pressure or Mach number; the extremely small 
loss of total pressure is caused by the bow shock at the forebody tip, but can be 
considered to be negligible. The adiabatic and isothermal computations predict a 
centrebody boundary layer thickness of approximately y/h=0.20 and y/h= 
0.24 respectively. The core flow has a Mach number of approximately 2.5 and a 
total pressure recovery of approximately 0.85. The flow near the cowl surface has 
a similar profile for the inviscid and turbulent computations. This is in line with 
the previous observation that the flow near the cowl is dominated by the (inviscid) 
cowl bow shock; the viscous boundary layer has little effect on the flow near the 
cowl. Comparing the adiabatic and isothermal boundary layers, the cowl isother- 
mal boundary layer is thinner due to the increased density within the isothermal 
boundary layer. 
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Figure 5.20: Throat flow profiles for Mach 5 case (a) Mach number profile, (b) Total 
pressure profile. 
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5.5.2 Mach 6 throat profiles 
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Throat profiles from Mach 6 computations are shown in figure 5.21. For all cases. the 
Nlach 6 solutions were obtained by starting with a Mach 5 solution and incrementing 
the freestream boundary to Mach 6 conditions. As was seen with the Mach 5 profiles, 
the inviscid flow next to the centrebody has little loss. The turbulent boundary 
layers next to the centrebody, for the adiabatic and isothermal simulations, have a 
thickness of approximately 0.24 and 0.20 respectively in y/h. 
Near the cowl surface, a loss of total pressure and Mach number is seen for all 
three cases. The inviscid losses are due to the cowl bow shock. There is a greater 
difference between the turbulent adiabatic and isothermal wall cases near the cowl 
compared with near the centrebody. This difference is due to the separation on the 
cowl surface for the adiabatic case, which increased the strength of the cowl bow 
shock, hence also the loss across the shock. 
5.5.3 Mach 7 throat profiles 
Mach 7 throat profiles are shown in figure 5.22. It should be noted that the flow at 
Mach 7 was unsteady -a 'typical' throat profile is used in all cases. The loss in terms 
of total pressure is greatest for the turbulent, adiabatic wall case. This is a result of 
the large separations present at Mach 7, both on the cowl and centrebody surface. 
The isothermal wall case shows a similar total pressure profile next to the cowl 
surface, compared to the adiabatic computation. However, next to the centrebody 
surface, the isothermal wall case shows a greater total pressure recovery than the 
adiabatic wall case, as the large separation was not seen. 
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Figure 5.21: Throat flow profiles for Mach 6 case (a) Mach number profile, (b) Total 
pressure profile. 
5.5. Throat Profiles and Inlet Performance 
1.2- 
1.0- 
0.8-1 
Inviscid, blunt cowl 
Turbulent, adiabatic wall 
Turbulent, isothermal wall 
0.2- 
0.0- 
-0.2 '77-r-rr 
0.0 0.5 1.0 1.5 2.0 2.5 3.0 3.5 
Mach number 
(a) 
1.2 
1.0 
0.8 
0.6 
0.4 
0.2 
0.0 
-0.2 
Inviscid, blunt cowl 
Turbulent, adiabatic wall 
Turbulent, isothennal wall 
0.0 0.2 0.4 0.6 
Total pressure ratio 
(b) 
0.8 1.0 
131 
Figure 5.22: Throat flow profiles for Mach 7 case (a) Mach number profile, (b) Total 
pressure profile. 
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Flow parameters for the computations presented in this chapter are given in figures 
5.1 and 5.2. 
Moo rh/Thoo 77KE 77TOTPR Mth figure 
5 0.864 0.958 0.54 2.16 5.2 
6 0.988 0.935 0.40 2.43 5.3 
7 0.907 0.837 0.12 2.05 5.6 
Table 5.1: HRE performance for adiabatic wall cases 
Moo Th/7hoo TIKE TITOTPR Mth figure 
5 0.866 0.954 0.59 2.27 5.12 
6 0.997 0.928 0.48 2.61 5.13 
7 0.999 0.870 0.24 2.76 5.14 
Table 5.2:. HRE performance for isothermal wall cases 
Chapter 6 
SHyFE Mach 6 Flow at Incidence 
Both this chapter and chapter 7 focus on the Sustamed Hypersonic FlZqht Expertment 
(SHyFE). The SHyFE inlet has a fixed geometry, with the centrebody shock designed 
to impinge the cowl lip at a Mach number of 5 and at zero angle of attack. CFD 
is used to model the inlet flow for two design points, representing two extremes 
in the design envelope. Firstly, this chapter investigates the case of a freestream 
Mach number of 6 and at an angle of attack of 5', where fully three-dimensional 
computations are performed for both inviscid and turbulent cases. Secondly, in 
chapter 7, with a freestream Mach number of 4 at zero incidence, axisymmetric 
computations are performed to investigate the self-starting characteristics of the 
intake. 
6.1 Test Conditions 
Table 6.1 presents the free-stream Mach number M, static pressure pocl static tem- 
perature T,,,,, unit Reynolds number and incidence for the computations performed 
for the SHyFE incidence study in this chapter. The models tested were SM and 
155. 
133 
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(KPa) T,,,, (K) Unit Reynolds -No. (m-') Angle of Attack 
6.0 0.89 228 1.66 E+06 5 
0.89 228 1.66 E+06 0 
Table 6.1: Test conditions for SHyFE incidence study 
6.2 Wave system at inlet 
The forebody provides a weak oblique shockwave followed by external isentropic 
compression, which focuses downstream to form a triple point. Figure 6.1 is a 
schematic of the wave system, showing an isentropic compression fan generated by 
the forebody in the absence of a Cowl. 
135 The resultant shock and expansion waves 
are separated by a free shear layer, depicted by the dotted line in Figure 6.1. 
focused shock /3 
triple point 
m 
00 
free shear layer 
reflected wave 
Figure 6.1: Schematic of forebody wave system after isentropic compression 135 
Various undesirable off-design wave interactions have been defined for axisymmetric 
flow, "' two of which are shown in Figure 6.2. For the Type 3 interaction, the 
resulting shockwave formed by the forebody compression system is directed into 
the cowl-centrebody annulus and interacts ýNvith the expansion fan formed at the 
cowl leading edge. The expansion fan will turn the shockwave towards the cowl. 
6.2. Wave system at inlet 135 
where the shock impinges on the cowl inner surface. This type of interaction often 
leads to a Mach reflection, which can propagate upstream and may even detach to 
cause inlet unstart. For the Type 5 interaction, the cowl shock interacts with an 
expansion formed at the shoulder of the centrebody. This shock is turned towards the 
centrebody, where the shock impinges on the centrebody surface. Again, this type 
of shock-expansion interaction often leads to Mach reflection which may propagate 
upstream. Previous studies have shown the effect of cowl bluntness was not critical 
to the wave interactions at the inlet. 135 
(a) Type 3 interaction (b) Type 5 interaction 
Figure 6.2: Off-design inlet wave interactions. 135 
At incidence, different off-design conditions can occur. On the leeward side, the 
forebody tip shock moves away from the forebody surface as shown in figure 6.3, 
which is likely to cause loss of mass capture. The isentropic compression waves 
focus at a triple point, forming a shockwave, shear layer and reflected wave. On the 
windward side, the forebody tip shock lies closer to the forebody surface as shown 
in figure 6.4, and is curved away from the forebody by the isentopic compression 
fan. As the shock is curved its strength increases, as does the loss of total pressure 
a-cross the shock. An entropy layer is created which convects downstream. 
cowl shock wave interacts 
with shoulder expansion 
focused shock wave interacts 
with cowl expansion 
6.2. Wave system at inlet 
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Figure 6.3: Schematic of forebody wave system on leeward side 
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Figure 6.4: Schematic of forebody wave system on windward side 
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6.3 Model 155 at Incidence 
6.3.1 Inviscid Simulations 
The main inlet wave interactions, namely shock-shock and shock-expansion inter- 
actions, are essentially inviscid. To isolate these flow features without adding the 
complication of possible flow separation, inviscid computations are considered first. 
Both axisymmetric and three-dimensional computations are presented; the three- 
dimensional computations are performed with the intake at an angle of attack of 
5'. The axisymmetric computations give a baseline flow with which to compare the 
'off-design' incidence flow. All simulations in this chapter are performed at a Mach 
number of 6. Simulations are first presented for the centrebody alone, without a 
cowl, because the position of the cowl in relation to the forebody wave system is 
important in controlling the inlet wave system, and hence the inlet performance. 
Flow With no Cowl 
Figure 6.5 shows the density contours for an axisymmetric inviscid computation 
of the centrebody with no cowl present. Important features of the forebody wave 
system are labeled A to F. The (isentropic) forebody compression waves, zone A, 
coalesce with the forebody tip shock to form a triple point, 'B, from where a shock, 
Q shear layer, D, and expansion fan are transmitted downstream. For this zero 
incidence case, neither the resulting shockwave or the shear layer would impinge 
on the inner surface of the cowl. After the forebody isentropic compression sec- 
tion, a straight forebody section leads to a region of near uniform flow, region E. 
Downstream of this lies the centrebody shoulder where an expansion fan, F. forms. 
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Figure 6.5: Density contours from an axisymmetric inviscid computation produced 
by the inlet centrebody without a cowl at Mach 6. The cowl position is shown for 
cosmetic purposes only and does not interfere with the flow. Density contours are 
in steps of 0.5p, 
Figure 6.6 shows the density contours on the windward side. The forebody tip 
shock lies closer to the forebody surface compared to the axisymmetric case. The 
forebody shock is progressively strengthened and curves away from the forebody as 
it interacts with the isentropic compression fan. As the shock strength increases, the 
flow crossing the shock experiences a greater loss of total pressure; a thick entropy 
layer forms with a, high total pressure flow next to the centrebody surface and a 
low total pressure flow near the cowl. The forebody shock is turned sufficiently 
by the isentropic compression waves for the shock to avoid the intended location 
of the cowl. Unlike the axisymmetric case, the forebody tip shock and isentropic 
compression waves do not focus at a single point. 
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Figure 6.6: Density contours in steps of 0.5p... from an inviscid computation pro- 
duced by the 155 centrebody (no cowl) for the windward side. The body is at 50 
incidence, Mach 6. 
Figure 6.7 shows the density contours for the leeward side. Here, the isentropic 
compression fan coalesces to form a single shock wave, which now would impinge 
the cowl inner surface. However, the forebody tip shock lies above where the cowl 
would be. 
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Figure 6.7: Density contours in steps of 0.5p,, from an inviscid computation pro- 
duced by the 155 centrebody (no cowl) for the leeward side. The body is at 50 
incidence, Mach 6. 
Moving azimuthally around the inlet from the windward to the leeward side, the fore- 
body tip shock shifts its focus from above to below the cowl, as well as the position 
of the shock's interaction with the isentropic compression wave moving upstream: 
the flow changes from a Type 5 interaction through toa Type 3 interaction. 
Centrebody-Cowl Configuration 
Figure 6.8 shows the density and total pressure contours on the windward side 
resulting from a centrebody-cowl confitguration, at Mach 6 and at 5' incidence. The 
computation is equivalent to the computation shown in figure 6.6, but with a solid 
cowl. The entropy layer due to the curvature of the forebody tip shock is seen by 
the loss of total pressure in figure 6.6(b). The coalesced forebody tip shock and 
isentropic compression waves lie above the cowl, hence an oblique shock forms at 
the cowl leading edge. This shock interacts with an expansion fan generated at 
the centrebody shoulder, turning the shock towards the centrebody as a Type 5 
0.190 0.200 0.210 
x (M) 
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interaction. A second entropy layer is formed near the surface of the centrebody 
due to the curvature of the cowl leading edge shock, where a low total pressure flow 
is convected downstream. The shock-expansion interaction is not sufficient to cause 
a Mach reflection at the centrebody surface; instead, a regular reflection occurs. 
However, when this reflected shock impinges the inner surface of the cowl, a Mach 
reflection is seen, and a small Mach stem forms. Although the Mach stem is small, 
implying only a small loss of total pressure across it. a shear layer is transmitted 
downstream from the base of the Mach stem. Overall, a desirable near-uniform flow 
leaves the inlet with no significant shear layer entering the combustor downstream, 
but the flows near the cowl and centrebody surface have lost a significant amount of 
total pressure due to the curvature of the forebody tip shock and the cowl leading 
edge shock respectively. 
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Figure 6.8: Density and total pressure contours from an inviscid computation pro- ?D 
duced by an 155 cent reb o d. y- cowl configuration for the windward side. The body is 
at 5' incidence, Mach 6. 
Figure 6.7 shows density and total pressure contours on the leeward side. The 
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forebody tip shock lies above the cowl, however, the isentropic compression waves 
coalesce to form an oblique shock which impinges the inner surface of the cowl. 
Before the isentropic compression waves coalesce to form a single oblique shock, no 
loss of total pressure occurs. However, when the waves coalesce, the resulting shock 
wave has a loss associated with it, seen in figure 6.7(b). Initially, this shockwave 
interacts with an expansion fan formed at the cowl leading edge as a Type 3 in- 
teraction, turning the coalesced shock towards the inner surface of the cowl. This 
interaction causes a Mach reflection at the cowl inner surface. The resulting Nlach 
stem is initially unstable and shifts upstream, where it detaches from the cowl lead- 
ing edge and finally stabilises as a detached bow shock. The flow at this point is 
steady, with the resulting density contours shown in figure 6.9. Here, point A is 
a triple point where a detached bow shock, shear layer and second shock wave are 
transmitted downstream. The detached shockwave is undesirable because the flow 
that crosses the normal part of the bow shock experiences a large loss of total pres- 
sure. However, the area of flow that encounters this bow shock is relatively small 
compared to the inlet frontal area where the flow has been compressed through a 
near isentropic process, so may not have a large effect on the inlet total pressure loss 
as a whole. Less desirable is the shear layer formed at the triple point which causes 
flow non- uniformities to enter the combustor. These non- uniformities often make 
it harder to stabilise a normal shock within an isolator, and can lead to reduced 
combustor performance. The shock wave formed at point A which enters the duct 
is curved by the expansion fan at the centrebody shoulder, causing an entropy layer 
to form at the surface of the centrebody. See figure 6-9(b). 
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Figure 6.9: Density and total pressure contours from an inviscid computation pro- 
duced by an 155 cent, rebody-cowl configuration for the leeward side. The body is at 
5' incidence, Mach 6. 
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6.3.2 Turbulent Simulations 
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For turbulent simulations, transition from a laminar to a turbulent boundary laYer 
is imposed 0.012m from the centrebody tip. Viscosity has two main effects on the 
flow. Firstly, a shock-boundary layer interaction can cause the boundary layer to 
separate, which often leads to flow unsteadiness and could ultimately lead to intake 
unstart. Secondly, at incidence, cross flow can cause the boundary layer to -build 
up' on the leeward surface, and may develop into a cross-flow separation or to other 
problems associated with a thick boundary layer. 
Flow With no Cowl 
Simulations are first presented for the centrebody alone, without a cowl. 'Surface 
streamlines' and pressure contours for an inviscid and viscous computations for the 
centrebody alone are shown in figures 6.10 and 6.11 respectively. For the invis- 
cid computation, the surface streamlines are near-wall streamlines, taken from the 
computational cells next to the centrebody. For the viscous computation, the sur- 
face streamlines are skin friction vectors at the wall. The region y<0 represents 
the windward side, whereas y>0 represents the leeward side. The inviscid solu- 
tion gives an indication of the streamlines at the edge of a viscous boundary layer, 
whereas the viscous solution gives an indication of the streamlines very close to the 
surface of the centrebody. Considerable cross flow is seen from the windward to the 
leeward surface, but is not sufficient to cause separation. 
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Figure 6.10: Surface streamlines and pressure contours for an inviscid computation 
produced by the 155 centrebody (no cowl) at Mach 6 and at 5' incidence 
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Figure 6.11: Skin friction vectors and pressure contours for a turbulent computation 
produced by the 155 centrebody (no cowl) at Mach 6 and at 5' incidence 
Density contours from the windward side are shown in figure 6.12. As with the corre- 
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sponding inviscid computation, see figure 6.6, the shockwave formed at the tip of the 
forebody interacts with the isentropic compression region and turns the forebody tip 
shock away from the centrebody so would not interact with the cowl. It is therefore 
likely the cowl leading edge shock would remain attached. The boundary layer shifts 
the compression system away from the centrebody when comparing the viscous and 
inviscid computations, causing some loss of mass capture. When entering the duct, 
the boundary layer makes up approximately 40% of the duct height. 
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Figure 6.12: Density contours in steps of 0.2p,, from a turbulent computation pro- 
duced by the 155 centrebody (no cowl) for the windward side. The body is at 5' 
incidence, Mach 6. 
Density contours predicted at the leeward side are shown in figure 6.13. The fore- 
body tip shock lies above the cowl, as was observed with the corresponding inviscid 
computation. Here, the boundary layer is much thicker than the windward side: 
see figure 6.12. This is expected, as crossflow causes the boundary layer to 'build 
tip' on the leeward side. In fact, the three-dimensional computation predicts a 
-reater than half the annulus height at inlet, significantly y layer thickness o boundar t3 b 
thicker than the axisymmetric case. 
13' The presence of the boundary layer pushes 
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the isentropic wave system away from the centrebody and shifts the point of wave 
coalescence downstream. 
0.06 
0.05 
0.04 
0.19 0.20 0.21 
x (M) 
Figure 6.13: Density contours in steps of 0.2p,, from a turbulent computation pro- 
duced by the 155 centrebody (no cowl) for the leeward side. The body is at 50 
incidence, Mach 6. 
Centrebody-Cowl Configuration 
Figure 6.14 shows the density contours for the windward side for the centrebody plus 
cowl at 5' incidence. Most of the compression waves formed by the forebody lie above 
the cowl, so an oblique shockwave forms at the cowl leading edge, as was observed 
with the inviscid computations. Again, a Type 5 shock-expansion interaction occurs, 
where the cowl leading edge shock it turned towards the centrebody. In turn, this 
wave separates the centrebody boundary layer. This separation causes a shock to 
occur at the leading edge of the bubble, slightly reducing the total pressure of the 
flow. However, the flow leaving the inlet is still generally uniform and steady. 
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Figure 6.14: Density contours in steps of 0.2p,, from a turbulent computation pro- 
duced by the 155 centrebody plus cowl for the windward plane, at 5' incidence and 
Mach 6 
Figure 6.15 shows the leeward side. The coalesced isentropic compression shock 
wave interacts with the inner surface of the cowl, initially as a Type 3 interaction. 
A bow shock forms at the cowl leading edge, as was predicted by the inviscid simu- 
lations. A small separation is seen behind this bow shock. This detached bow shock 
impinges on the centrebody and interacts with the centrebody boundary layer. This 
interaction separates the boundary layer and causes a second separated region. The 
size of this separated region is related to the size of the boundary layer at the cen- 
trebody; the increased boundary layer thickness at the centrebody, when compared 
to an axisymmetric simulation with no crossflow, leads to a larger separation region. 
The size of this separated region is critical to the final flow solution: the separation 
bubble predicted by the three-dimensional computation gradually increases in size, 
with the front of the separated region moving upstream of the centrebody shoulder. 
At this stage, the separated region sees an adverse pressure gradient, causing it to 
rapidly grow in size and unstart the leeward side of the inlet. The final unstarted 
density contours are shown in figure 6.15. 
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Figure 6.15: Density contours in steps of 0.2p,,,, from a turbulent computation pro- 
duced by the 155 centrebody plus cowl for the leeward plane, at 5' incidence and 
Mach 6 
The centrebody surface pressure and surface streamlines are shown in figure 6.16. 
Here, the three-dimensional separated region can be seen. 
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Figure 6.16: Surface streamlines and pressure contours for a turbulent computation 
produced by the 155 centrebody plus cowl at Mach 6 and at 5' incidence 
6.4 Model S2iO at Incidence 
6.4.1 Turbulent Simulations 
Following on from work by Bachchan, 135 a backward facing step on the centrebody 
was incorporated into the geometry to control flow separation on the centrebody. 
This section focuses on intake S2zO, presenting turbulent computations for a Mach 
number of 6 and at an incidence of 5'. 
Flow With no Cowl 
The windward density and total pressure contours for the S211'0 centrebody are shown 
in figure 6.17. The forebody tip shock interacts with the isentropic compression 
region upstream of the cowl leading edge, and is turned away from the forebody. As 
the shock is turned, the strength of the shock increases, as well as the loss of total 
pressure across the shock: an entropy layer forms and is convected downstream. The 
p/ p- Qpnqrntarl finw 
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forebody compression system is also shifted away from the forebody surface by the 
presence of a boundary layer. However, the forebody tip shock from would interact 
with where the cowl would be. 
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Figure 6.17: Windward density and total pressure contours from a turbulent com- 
putation produced by the S2iO centrebody (no cowl), at 5' incidence and -Mach 
6 
The leeward density and total pressure contours are shown in figure 6.18. As was 
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seen with geometry 155, the forebody isentropic compression waves coalesce to form 
a single oblique shock wave., which would impinge the cowl. 'No loss of total pressure 
is seen through the isentropic compression section, but once these compression waves 
have coalesced, a loss of total pressure is seen. The forebody tip shock lies above 
where the cowl would be, resulting in some loss of mass capture. Here, this shock 
lies closer to the cowl than was found for model 155, hence the corresponding loss 
of mass capture here is not as great. The edge of the boundary layer is most 
easily observed by examining the total pressure contours of figure 6.18(b). At the 
entrance to the internal compression section, the boundary layer has a thickness of 
approximately one third of the duct height. This is much less than was found for 
model 155, where a boundary layer thickness of approximately 70 percent of the 
duct height was found. The boundary layer is expected to be smaller for model 
SM as an increased forebody cone angle decreases the amount of cross flow and 
hence decreases the 'build-up' of the leeward boundary layer. 
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Figure 6.18: Leeward density and total pressure contours from a turbulent com- 
putation produced by the SM centrebody (no cowl), at 5' incidence and '. %, Iach 
6 
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Centrebody-Cowl Configuration 
Figure 6.19 shows the windward density and total pressure contours for a centrebodY- 
cowl configuration. The computation is equivalent to that of figure 6.17, but with a 
solid cowl. For model 155, the predicted forebody tip shock was sufficiently curved 
to prevent interaction between this shock and the cowl. However, for intake SM. 
the forebody tip shock tries to impinge the inner surface of the cowl and forms a 
detached bow shock at the leading edge of the cowl. 
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Figure 6.19: Windward density and total pressure contours from a turbulent com- 
putation produced by the S2iO centrebody plus cowl, at 5' incidence and Mach 
6 
The leeward plane is shown in figure 6.20. The boundary layer is thinner here than 
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was found for intake 155. The forebody tip shock lies above the cowl, hence an 
oblique shock forms at the leading edge of the cowl. As with model 155. this cowl 
lip shock impinges the centrebody and separates the centrebody boundary layer. 
However, the centrebody separation is stabilised by the step, where the leading edge 
of the separation bubble sees a more favorable pressure gradient. At the point of 
reattachment, a reattachment shock forms which interacts with the boundary layer 
on the inner surface of the cowl. 
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Figure 6.20: Leeward density and total pressure contours from a turbulent compu- 
tation produced by the S2iO centrebody plus cowl, at5' incidence and Mach 6 
Surface streamlines and pressure contours are shown in figure 6.21. Comparing these 
streamlines with those for intake 155, figure 6.16, the extent of the cross-flow is 
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reduced. As a result, there is less boundary layer 'build up' on the leeward surface, 
lessening the chance of any cross-flow separation. The addition of the backward 
facing step has stabilised the centrebody separation bubble behind the step. giving 
a more uniform intake pressure distribution in an azimuthal direction. 
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Figure 6.21: Surface streamlines and pressure contours for a turbulent computation 
produced by the S2iO centrebody plus cowl at Mach 6 and at 5' incidence 
Effect Of Cowl Blunting 
This section deals with the effect of blunting the cowl. Cowl blunting has two main 0 
effects. Firstly, blunting the cowl will produce a bow shock at the leading edge of 
the cowl. Secondly, an entropy layer will be created by this cowl shock near the 
inner surface of the cowl. As the radius of the cowl leading edge increases, the bow 
shock strength also increases. 
Figures 6.22 to 6.26 show density contours from a blunt-cowl computation, for the 
windward plane to the leeward plane in intervals of 45'. These figures should be 
compared to the corresponding computation with a thin cowl, figures 6.19 and 6.20. 
For the windward side, the blunt cowl computation has the same general flow fea- 
tures as for the thin cowl case. The main difference here is the greater detachment 
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of the cowl leading edge shock. Moving in azimuth, the forebody cowl shock lies pro- 
gressively nearer to the leading edge of the cowl until the forebody tip shock moves 
above the cowl leading edge. At this point, the cowl leading edge shock becomes 
attached to the cowl. See figure 6.25. 
The flow on the leeward side, figures 6.25 and 6.26, have a stronger cowl leading 
edge shock than the thin cowl computation. This shock impinges the separation 
bubble behind the rearward facing step. The strong pressure rise across the cowl 
bow shock associated with a blunted cowl is seen by the separation region at the 
step and is large enough to drive the separation bubble upstream of the step. At this 
point, the separation bubble sees an adverse pressure gradient and rapidly grows in 
size. Figure 6.26 shows the leeward side, where this large forebody separation c, -In 
be seen. 
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Figure 6.22: Density contours in steps of 0.5p,, produced by an inlet centrebody- 
blunt cowl configuration: windward (00) plane 
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Figure 6.23: Density contours in steps of 0.5p,,,, produced by an inlet centrebody- 
blunt cowl configuration: 45' plane 
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Figure 6.24: Density contours in steps of 0.5p,, produced by an inlet centrebody- 
blunt cowl configuration: equator (90') plane 
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Figure 6.25: Density contours in steps of 0.5p,, produced by an inlet centrebod. v- 
blunt cowl configuration: 135' plane 
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Figure 6.26: Density contours in steps of 0.5p,, produced by an inlet centrebody- 
blunt cowl configuration: leeward (180') plane 
Figures 6.27 and 6.28 show vectors of surface skin friction (surface streamlines) 
overlayed with an isosurface of u-0, where u is the velocity in the axial direction. 
The isosurface gives an indication of the separation and reattachment points, so can 
be used to visualize the forebody separation. 
Perhaps surprisingly, the forebody separation extends from the leeward plane to 
the windward side. Cross-flow, combined with separated flow causes a vortical-like 
structure to appear on the surface, pushing the separation region upwind on the 
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leeward side, and restricting the upwind movement of the separation bubble on the 
windward side. 
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Figure 6.27: Surface streamlines and isosurface of u=0 in the x-y plane for a 
turbulent computation produced by the S2iO centrebody plus blunt cowl. 
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Figure 6.28: Surface streamlines and isosurface of u=0 in the y-z plane for a 
turbulent computation produced by the SM centrebody plus blunt cowl. 
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Figure 6.29: Surface Streamlines and density contours for Model S2iO with Blunt 
Cowl. 
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6.4.2 Comparison With Experiment 
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Comparisons have been made between schlieren produced by QinetiQ 183 and cleiisity 
gradient contours predicted by CFD. Two different experiment are used to compare 
with CFD, run 1778, shown in figure 6.30, where the inlet has unstarted, and run 
1781, shown in figure 6.31 where the inlet is started. Both experiments are run at 
the same conditions as the blunt cowl computations. 
For the unstarted case, figure 6.30, the windward shock systems for experiment and 
computation agree well, with the cowl leading edge stand-off distance in both u1ses 
agreeing well. On the leeward side, however, the experiment predicts a shock which 
indicates a leading edge separated flow. Near the leading edge of the experimental 
model, two sets of 'trips' are used to help transit the boundary layer to turbulent. 
These trips also produce a large wake, where a vortical flow interacts with the 
boundary layer. The trips are not modeled computationally, hence this vortical flow 
is also not modeled. It is thought that it is the interaction between the vortical 
flow created at the trips and the forebody separation which causes the forebody 
separation to grow to the forebody tip. 
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Figure 6.30: Schlieren' 83 for unstarted case overlayed with contours of numerical 
density gradient in the radial direction 
For the started case 6.31, the windward shock system for the computation and 
experiments also match well. On the leeward side, however, the shock predicted 
experimentally at the forebody tip lies further from the forebody surface than pre- 
dicted computationally. Again, this is due to the three-dimensional trips which are 
not modeled numerically. 
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Figure 6.31: Schlieren 183 for started case overlayed with contours of numerical den- 
sity gradient in the radial direction 
Chapter 7 
SHyFE Self-Starting 
Characteristics 
7.1 Test Conditions 
The free-stream Mach number M,,,, static pressure p,,,,, static temperature T,, and 
unit Reynolds number for the self-starting characteristics study in this chapter are 
given in table 7. L Intake model SM is used. 
M... p,, (KPa) T,,,, (K) Unit Reynolds No. (m-1) Angle of Attack 0 
4.125 3.63 278 3.59 E+06 0 
Table 7.1: Test conditions for intake self-starting characteristics study 
7.2 Unstarted Wave System 
To increase the intake pressure rise, some geometric convergence is added to the 
inlet. However, when adding an internal converging section, the increased inlet to 
exit area ratio may choke the flow. This section deals with the abilitY of the intake 
to self-staxt. The problem is initiated by computing the inlet flow at Mach 3 to 
unstart the intake. By simulating an acceleration from this unstarted flow to a 
Mach number of 4, for which the flow is required to be fully started, one can assess 
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the intake self-starting characteristics. Simulations in this section are turbulent. 
unsteady and axisymmetric. 
Figure 7.1 shows density contours for intake S2zO, with a freestrearn Mach number of 
3. The intake has unstarted, as seen by the detached bow shock. Two geometries are 
considered: S2ffla, where the cowl and centrebody remain parallel to each other. and 
S2zOb, where a 3' convergent section is introduced by increasing the centrebody angle 
downstream of the backward-facing step. The density contours, after accelerating 
the freestrearn from Mach 3 to Mach 4.125, in Ims, for intakes S210a and S211*0b, are 
shown in figures 7.2(a) and 7.2(b) respectively. Although Im's is not a physically 
sensible time scale, the time was limited by the available computation power. For 
both cases, a shock train forms inside the duct. For intake S2fflb, which has an 
increased internal compression, this wave system is terminated by a normal shock 
wave inside the isolator. The Mach number ahead of the normal shock is low, hence 
the loss of total pressure across the shock is small. However, the normal shock is 
undesirable because it may be harder to stabilise it without the inlet unstarting 
during combustion, when the pressure behind the shock will increase. Conversely, 
for intake S2zOa, with no added internal compression, the flow is fully supersonic 
throughout. 
E 
x (M) 
Figure 7.1: Density contours for intake S210a at Mach 3 for turbulent axisymmetric 
computation. Density contours in steps of 0.5p,,,,. 
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Figure 7.2: Density contours in steps of 0.5p,,, for intake S2iO at Mach 4.125 resulting 
from turbulent computations. 
Figure 7.3 shows the same internal wave system as shown in figure 7.2, but focuses 
on the region of flow near to the rearward facing step. Figure 7-3(a) shows inlet 
S2, i'Oa and figure 7.3(b) shows inlet S2iOb. In both cases, the oblique shock wave 
which forms at the cowl leading edge interacts with the separation bubble behind the 
backward facing step, increasing the pressure within the separation region. Because 
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the flow in the separation bubble is subsonic, the pressure rise is able to propa- 
gate upstream and is seen by the incoming centrebody boundary layer. In fact. the 
pressure in the separated region is large enough to turn the boundary layer away 
from centrebody through an oblique separation shock wave. This separation shock 
interacts with the shock formed at the leading edge of the cowl. For intake S210a, 
this interaction causes a regular reflection, whereas a Mach reflection occurs for in- 
take S210b. The Mach reflection must occur because the separation shock for intake 
S210b is stronger than intake S210a. This implies the pressure in the separation 
bubble behind the step is greater for intake S210b compared to S2iOa. 
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Figure 7.3: Density contours in steps of 0.5p,, for intake S2iO at Mach 4.125 resulting 
from turbulent computations. 
To gain a better understanding of how the centrebody angle effects the flow charac- 
teristics, a study was performed focusing on the interaction between the cowl leading 
edge shock and the separation region behind the step. To simplify the interaction 
between the cowl shock and the separation region, a uniform flow was set at the 
freestrearn boundary. A computational domain was set up starting at x=0.0768m, 
0.001in ahead of the cowl leading edge, extending to x=0.090m, downstream of 
reattachment. Flow properties from figure 7.3 across the duct at x=0.0768m were 
averaged and given as the freestream boundary. Although the freestream flow is 
uniform, a thin boundary layer develops on the centrebody surface-, this is unavoid- 
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able because the flow must be viscous to correctly model the separation region. The 
flow is assumed to be turbulent throughout. 
Figure 7.4 shows the density contours for 110 and 15' centrebody angles, correspond- 
ing to models S210a and S2ffla respectively. The flow field resulting from centrebody 
angles of 120,130 and 140 were also computed but are not shown in this report. In 
all cases, the separation shock interacts with the inner surface of the cowl as a Nlach 
reflection and this reflected shock interacts with the separation region behind the 
step. The strength of the separation shock increases with increasing centrebody an- 
gle, as does the size of the Mach stem. As the reflected shock impinges on the rear 
of the separation bubble, the pressure in the bubble increases. This leads to both a 
stronger separation shock and reflected shock, further increasing the pressure in the 
separation region: a feedback system occurs. 
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Figure 7.4: Density contours for section of SM with uniform inflow from turbulent 
computations. Density contour levels in steps of 0.1p,,,. 
The Mach stem also moves upstream with increasing centrebody angle, causing the 
position of the interaction between the reflected shock wave and separation to move 
upstream. A large Mach stem is undesirable as the flow across the shock experiences 
a, large loss of total pressure, decreasing the performance of the inlet. To isolate the 
cause of the large Mach stem, whether it is caused by the interaction between the 
cowl leading edge shock and the separation region alone, or whether it is driven 
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by the feedback system between the separation bubble and the separation shock. a 
small 'hole" was added to the cowl geometry at the point of the interaction between 
the separated shock and the cowl. This hole was designed to bleed the separation 
shock in order to decouple the shock and the pressure rise in the separation bubble. 
In reality, instead of a hole in a thin cowl, a bypass in a realistic thick cowl could 
be used. 
Figure 7.5 shows the density contours for the same computation as shown in figure 
7.4, but with a bleed added in the cowl. In both cases, no Mach stem is present, 
proving the large Mach stem was caused by the feedback between the reflected 
separation shock and separation bubble. Furthermore, for the 110 centrebody angle 
case, figure 7.5(a), no shock is formed at the step. 
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Figure 7.5: Density contours for section of SM with a 'bleed' in cowl, from axisym- 
metric turbulent computations. Density contour levels in steps of 0. lp,,,, 
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Chapter 8 
Conclusions and 
Recommendations 
8.1 Conclusions 
Inviscid and turbulent simulations of the HRE inlet were performed, with both a thin 
and blunt cowl, at various Mach numbers. With a thin cowl, at design conditions of 
Mach 6, the inviscid intake compression system has little loss of both total pressure 
and mass capture and the flow leaving the intake was free from slip streams. At 
Mach 5, mass capture ratio is reduced; at Mach 7, total pressure recovery is reduced. 
For a given set of freestream flow conditions, dramatically different internal flow 
characteristics were found depending on whether the engine arrived at the flow 
conditions through either acceleration or deceleration. For a blunt cowl at design 
conditions (Mach 6), by initializing the flow with Mach 6 conditions, an 'inviscid 
separation' forms on the inner surface of the cowl. This separation was shown to be 
caused by an interaction between the forebody compression waves and an entropy 
layer created at the leading edge of the cowl. By decelerating to Mach 5. the 
separation disappears. At a higher Nlach number of 71, the separation on the inner 
surface of the cowl moves upstream of the cowl leading edge resulting in a stand-off 
shock from the cowl. At a lower Mach number of 5, no separation occurs. 
When accelerating the engine from Mach 5 to Mach 6. as opposed to initializing the 
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computation with Mach 6 flow everywhere, no separation bubble forms. This was 
shown to be because the entropy layer, created at the cowl leading edge. was less 
severe. Accelerating further, from Mach 6 to Mach 7, the separation at the cowl 
surface reappears and again moves upstream of the cowl leading edge. An unsteady 
buzz-type cyclical flow occurs when decelerating from Mach 7 to Mach 6, caused by 
an interaction between the separation at the cowl leading edge and the separation 
shock reflecting back onto the separation bubble. 
At Mach 6 with an adiabatic wall, in addition to a centrebody boundary layer, 
a separation at the leading edge of the cowl forms. This was shown to increase 
the effective bluntness of the cowl, hence reduce the total pressure recovery of the 
inlet. For a cold wall case at Mach 6, the boundary layer on the cowl surface is 
thinner and is able to withstand the adverse pressure gradient from the forebody 
compression system without separating. Accelerating to Mach 7 causes a separation 
on the cowl for both wall boundary conditions. It was argued this was due to 
a change in the shock/shock interaction at the cowl leading edge, from an Edney 
Type VI interaction to an Edney Type I interaction. For an adiabatic wall boundary 
condition, the centrebody boundary layer separated and a feedback system existed 
between separation bubbles on the cowl and on the centrebody. 
A good agreement between the throat total pressure profiles for NASA experimental 
results and cold wall CFD simulations was shown. Reasonable agreement between 
NASA experimental results and cold wall CFD simulations was shown for centrebody 
surface pressure plots. 
For the SHyFE intake at incidence, an interaction between the compression wave 
system and the cowl inner surface controlled the main flow characteristics and, in 
particular, whether the cowl leading edge shock was attached or detached. Inviscid 
simulations predicted the main wave interactions that would occur. It was found 
that the windward side produced a near uniform outflow, whereas the leeward side 
produced a largely non-uniform flow with a slip stream propagating downstream. 
Turbulent simulations predicted a near uniform outflow on the windward side, but 
with the added complication of separation regions on the centrebody surface. When 
considering the leeward side, turbulent simulations showed the inlet would iinstart. 
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This is because of the large boundary layer on the leeward surface of the centrebody 
causing an increased centrebody separation. By adding a rearward facing step to the 
thin-cowl geometry, as well as increasing the centrebody apex angle, the separation 
on the centrebody was controlled, leading to a more uniform and desirable flow. 
However, for the blunt cowl case, this separation bubble moved upstream of the step 
onto the forebody. Good agreement between numerical and experimental schlieren 
results was shown. 
For the SHyFE self-starting study, added internal compression lead to a normal 
shock wave forming in the inlet. Shock/ separation interactions lead to a large Nlach 
stem forming on the cowl surface, which was shown to be caused by a reflected 
separation shock interacting with the separation bubble. By adding a bypass to the 
cowl, the Mach stem was removed. 
8.2 Future Work 
A number of issues in need of further investigation can be identified from the above 
text. The effects of off-design Mach numbers have been investigated, however more 
research into controlling the negative effects, such as boundary layer separation, is 
needed. The rearward facing step used in the SHyFE intake proved an effective 
means of controlling centrebody separation; with more research the step geometry 
could be optimised for a given set of flow parameters. 
An inherent weakness of axisymmetric inlets is their inabililty to operate effectively 
at incidence. Planar inlets are much more suited to operating at incidence through 
careful placement of the cowl with respect to the forebody wave system. It is there- 
fore the author's opinion that research into a planar intake system would provide a 
more efficient inlet system at incidence. 
Further investigation can be carried out into determining the self-starting charac- 
teristics of the SHyFE engine. It is unlikely a hypersonic airbreathing engine would 
be operating at zero angle of attack when self-starting, so a three-dimensional study 
at incidence of the self-starting characteristics is needed. 
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Research into intake/combustion interactions at off-design conditions could be un- 
dertaken. Such a study would give a better understanding about how off-design 
conditions effect combustor stability and efficiency. Given sufficient computational 
power, a fully three-dimensional study of an inlet-combustor configuration at inci- 
dence could be extremely interesting. 
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